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Abstract
Green monopropellants for space propulsion system of spacecraft have been continuously developed and
researched in the world. Replacements of conventionally used hydrazine have been called green monopropellant
because they have lower toxicities than hydrazine. In Japan, one green monopropellant, called
hydroxylammonium-nitrate (HAN) based monopropellant SHP163, has been developed by ISAS/JAXA. This
monopropellant is thus storable as a liquid under a vacuum condition and has higher density specific impulse
than hydrazine. Additionally, the mass of a propulsion system can be reduced while maintaining the same
delta-VV. However, when employing HAN based monopropellants in a conventional solid catalyst thruster
(reaction control system, RCS), there are technical problems in environments with higher operating temperatures
and atmospheric oxidation such that the catalyst sinters, reduces, and then deactivates. To solve these problems,
this research is an effort to develop a HAN-based monopropellant thruster with an alternative ignition system
that uses discharge plasma. The objective of this thesis is to design and build the laboratory model thruster for

the HAN-based monopropellant, and to evaluate the performance characteristics of the thruster.

First, an ignition system that uses discharge plasma of noble gas, called discharge plasma system has been
proposed. To evaluate the SHP163 ignition characteristics of discharge plasma system, the effects of geometric
swirl number on the ignition characteristics were evaluated under atmospheric conditions. It is concluded that the
geometric swirl number has strong effects on the plasma distribution, the propellant ignition probability, and the
ignition delay time. At an argon mass flow rate of 0.15 g/s and SHP163 mass flow rate of 0.3 g/s, the continuity
of the exhaust flame from downstream of the discharge plasma system with a geometric swirl number of 6.7 was

confirmed at sea level condition.

Next, to design and build of the HAN-based monopropellant thruster, the effects of the SHP163 mass flow rate
and combustion chamber characteristic length (L-star) on combustion characteristics were experimentally

evaluated by measuring thrust and pressure under ambient pressure of 1.2 kPa. As a result, it was observed that a
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shorter L-star increased the characteristic exhaust velocity efficiency (i.e. reactivity). Additionally, for all
SHP163 feed pressure (i.e. SHP163 mass flow rate of 1N-class), there were no failed ignition cases with a
single-hole injector. It was found from the result that a maximum thrust of 0.37 N at nozzle expansion ratio of 1
was achieved with power consumption of 527 W and an SHP163 mass flow rate of 0.34 g/s, in conjunction with
characteristic exhaust velocity (C-star) efficiency of 98%. In this experiment, it was obtained the consumed
power at combustion of SHP163 for 15 s was similar to preheating energy of catalyst, and the hot firing tests of

the thruster was demonstrated the operation successfully under vacuum condition.

Finally, to evaluate the performance characteristics of the thruster and spectra of exhaust plume, the vacuum
firing tests of a laboratory model thruster with discharge plasma system using SHP163 have been conducted.
Additionally, the reactivity evaluation of SHP163 by the discharge plasma has been proposed using C-star
efficiency. As a result, at the feed pressure of 0.6 MPa, a maximum thrust of 0.50 N was achieved with power
consumption of 564 W and SHP163 mass flow rate of 0.31 g/s, in conjunction with specific impulse of 109 s,
C-star efficiency with argon plasma of 41%, and thrust efficiency of 47%. In addition, it was confirmed that
measured thrust was varied from 0.25 N to 0.50 N in a range of SHP163 mass flow rate from 0.09 g/s to 0.31 g/s.
Here, at these experiments, the mass flow rate of argon gas is set at 0.15 g/s for plasma generation. Furthermore,
in terms of the combustion products of SHP163, the emission spectrums of carbon monoxide, swan band,
hydroxyl radical, hydrogen atom, and oxygen atom were observed under vacuum condition. It was confirmed
that the characteristic exhaust velocity efficiency tends to be higher at higher spectral intensity (e.g. OH).
Moreover, as a result of thruster lifetime-evaluation, at an accumulated firing time of 1646 s, no effect of
electrode degradation on the performance of the thruster was observed. Since this study, the green
monopropellant propulsion with discharge plasma system has been proposed, and demonstrated under vacuum

condition, and the performances of thruster were evaluated.
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Chapter 1
Introduction

1.1. Conventional Chemical Thruster

A propellant for reaction control system (RCS) thruster has been generally used a hydrazine-based
monopropellant or a hydrazine-based bipropellant because the RCS thrusters with the hydrazine-based propellant
have a high reliability and a space flight-proven capability [1]. In terms of the bipropellant thruster,
monomethyl-hydrazine (CH3;NHNH,) / nitrogen-tetroxide (N,O,4) thrusters have the characteristics of specific
impulse of 300 s and above, and self-ignition [2]. In contrast, in terms of the monopropellant thruster, hydrazine
(NzH,) thrusters have been required the use of ignition system (solid catalyst) at the preheating temperature of >
300 °C [3]. However, these hydrazine-based propellants have the characteristics of a high toxicity and a low
vapor pressure. Recently, the replacements of conventional hydrazine, called “green propellants”, have been

developed because they have lower toxicities than the hydrazine.

1.2. Development Status of Green Monopropellant Thrusters

Since the late 1950s, the replacements of conventional hydrazine have been continuously developed and
researched in the United States, Russia, Europe and Asia [4-9]. These replacements for the monopropellant
thruster are included a hydrogen peroxide (H,O/H,O blends), nitrous oxide (N,O), NOFBX (Nitrous
Oxide/Hydrocarbon  blends), ammonium Di-nitramide (ADN, NH;N(NO,),) based blends and
hydroxylammonium (or hydroxylamine)-nitrate (HAN, NH3;OHNO;) based blends [5, 6]. The HAN based
blends and ADN based blends are the ionic liquid. The ionic liquid (IL) is defined as salts with melting
temperatures (i.e. freezing point) below 373.15 K [10]. The characteristics of these monopropellants are a high

specific impulse and a high density.

1.2.1.  Ammonium Di-Nitramide Based Thrusters

Since the 1970s, ADN was developed by the Zelinsky Institute of Organic Chemistry in Moscow
(Russia), and there is a report that one ADN-based propellant was used for Topol-M intercontinental ballistic
missile (ICBM) [11].

Since the 1997, ADN-based monopropellants have been developed by the Swedish Space Corporation

(SSC), the Swedish Defense Research Establishment (FOA) and the Chalmers University of Technology [12]. In
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Sweden, one ADN-based monopropellant, called LMP-103S (Liquid Mono-Propellant-103S), has been
developed by SSC. LMP-103S is a liquid mixture of ADN (NH4N(NOy))/ammonia (NHsz)/water
(H,0O)/methanol (CH3;OH) in a ratio of 63/18.4/4.6/14 by weight percentages [13]. To prove the space flight of a
1N-calss ADN based monopropellant thruster with catalyst (HPGP, high performance green propulsion),
PRISMA-satellites was launched at Dnepr-1 in June 2010. In PRISMA mission, the operating tests of two
1N-class HPGP thruster was demonstrated by formation flight and rendezvous in space [14, 15]. Recently, one
ADN-based monopropellant, called FLP-106 (FOI Liquid Propellant number 106) has been developed by the
Swedish Defense Research Agency (FOI) as the candidate of monopropellant thruster for further development

[16-18].

1.2.2. Hydroxylammonium-Nitrate Based Thrusters

In United States, One HAN based propellant, called LGP1845 (Liquid Gun Propellant), was developed
and researched by the U.S. Army, and then the Integrated High Payoff Rocket Propulsion Technology (IHPRPT)
program was initiated at NASA [4, 19]. In the late 1980, LP1846 (XM46), LP1845 and LP1898 were developed
for the propulsion system of the satellite [4]. In the late 1990, RK-315E (AF-M315E), RK-618A and RK-315A
were developed by the U.S. Air Force Research Laboratory (AFRL) [20, 21]. Since then, the monopropellant
thrusters using AF-M315E, called GR-1 (1N-class Green Monopropellant Rocket Engine) and GR-22
(22N-class Green Monopropellant Rocket Engine) have been continuously developed by the Aerojet Rocketdyne
[22, 23]. Here, AF-M315E is a liquid mixture of HAN / Water / Hydroxyethylhydrazinium nitrate (HOCH,CH,
NH,;NH,"NO3", HEHN [24]) in a ratio of 44.5/11/44.5 by weight percentages [21]. In the Green Propellant
Infusion Mission (GPIM) project, the LCH-240 catalyst thrusters (i.e. GR-1 and GR-22) are due to integrate on
the payload deck of a Ball Aerospace BCP-100 (Ball Configurable Platform-100) spacecraft bus [25].
Additionally, a 0.5 N-class AF-M315E thruster (BGT-X5) for 1U CubeSat has been developed by the Busek
Company, and then the thrusters in a range of thrust-scale from 0.5 N to 5 N have been demonstrated the
scalability of catalyst [26].

In Japan, one HAN based monopropellant, called SHP163 (Solution Hori Propellant with methanol of
16.3%), has been developed by the ISAS/JAXA (Institute of Space and Astronautical Science/Japan Aerospace
Exploration Agency). SHP163 is a liquid mixture of HAN (NH;OHNO3z)/ammonium nitrate (NH4;NOgz)/water
(H,0)/methanol (CH3;OH) in a ratio of 73.6/3.9/6.2/16.3 by weight percentages [27]. The 20 N-class catalyst
thruster using SHP163 has been developed by ISAS/JAXA [7, 28].



Table 1-1 Characteristic properties of monopropellants.

Propellant Hydrazine SHP163 AF-M315E LMP-103S FLP-106
NH;OHNOs/  NH;OHNOs/  NH4N(NO,)/  NH4N(NO,)/
NH4NO3/ H,O/ NH3/H,0/ H,O/
H,O/CH;0H C,HgN30, CH3;0H CH3NHCHO
Compositions N,oH4
(=73.6/3.9/6.2  (=44.5/11.0/4  (=63/18.4/4.6/ (=64.6/11.5/2
/16.3wt.%) 4.5wt.%) 14wt.%) 3.9wt.%)
[27] [3, 21] [6, 13] [16, 17]
H,0(68%),
H,0(59%), H,0(50%), H,0(42%),
N2(18%),
H,(67%), N,(21%), N,(23%), N,(26%),
Combustion CO,(11%),
N,(33%), COL(9%), H,(16%), H,(15%),
Products ? H,(1%),
NH3(<1%) H,(6%), CO(6%), CO(10%),
CO(1%),
CO(5%) CO,(5%), COy(7%),
0(1%)
Freezing Point, °C 1.4~2.0[6, 7] <-37[7] 0[22] —90[32] <0[6, 16]
Vapor Pressure at <19 5.0~6.0(20°C) 1.4 9.1~13.6 <21
25 °C, kPa [5, 6] [33] [29, 31] [6, 32] [6]
Viscosity at 20 °C,
1.0 [1] 11.9 [7] 27 [26] 3.9[32] 3.7 [16]
mPa-s
Density at 25 °C,
1.004 [6] 1.411[7] 1.465 [31] 1.238 [6] 1.357 [6]
3
g/lcm
LD50 Oral, mg/kg 60 [7] 500 [7, 33] 550 [30] 750-800 [6] 1270 [6]
LD50 Skin, mg/kg 911[7] > 2000 [7, 33] N/A N/A N/A
Adiabatic Flame
596 2043 1982 1599 1727
Temperature®", °C
Characteristic
Exhaust Velocity *?, 1209 1417 1423 1356 1355
m/s
Specific Impulse & b),
235 277 275 257 257

S

a) Value calculated at the following conditions: combustion chamber pressure of 0.4 MPa, ambient

pressure of 0 Pa, expansion ratio of 100 under a frozen flow condition.

b) Heat of formation: HAN, —366.5 kJ/mol [34]; ADN, —148.0 kJ/mol [34]; MMF (monomethylfor-

mamide, CH3NHCHO), —247.4 kJ/mol [17]; HEHN, —373.0 kJ/mol.



1.2.3. Characteristics Properties of Monopropellants

The characteristic properties of monopropellants are given in Table 1-1. The values of (a) in Table 1-1
were calculated using NASA computer program CEA (Chemical Equilibrium with Applications) [35]. SHP163
has a glass transition at —37 °C and density of 1.411 g/cm®. This monopropellant is thus storable as a liquid under
a vacuum condition and has approximately 66% higher density specific impulse than hydrazine. Additionally,

the mass of a propulsion system can be reduced while maintaining the same delta-V.

1.2.4. Ignition Methods for Green Monopropellants

The conventional RCS thrusters with hydrazine have been used the solid catalyst (such as S405, Shell405,
LCH-207, and LCH-210) [1, 3]. However, the HAN based monopropellants have at the flame temperature above
2000 K, and it is necessary to improve the thermostability of conventional catalyst. Since then, to improve the
performance of catalyst, the catalyst for a HAN-based monopropellant AF-M315E, called LCH-240 (5% iridium
on hafnium oxide), has been developed by Aerojet-Rocketdyne [36, 37].

Recently, the alternative ignition methods of the catalyst for HAN-based monopropellant, such as spark
plug, plasma torch and laser ignition, have been continuously developed and researched in the world. In the
United States, the alternative ignition systems have been developed by the Pennsylvania State University, the
Digital Solid State Propulsion (DSSP), and the AFRL. At the Pennsylvania State University, a microwave
plasma torch ignition system for HAN based and ADN based monopropellant has been developed and
researched, and the ignition of the monopropellant in a range of the mass flow rate from 2 to 6 mL/min was
confirmed using helium plasma at input power of 500 W [38]. At the DSSP, a pulsed plasma thruster using
HAN-based GEM propellant has been developed [29]. At the AFRL, an ignition system using resonant laser at
wavelengths in the UV and IR for HAN/HEHN-blends have been developed [39]. In the Malaysia, an
electrolytic micro-thruster using DC power supply has been developed and researched, and a maximum thrust of
197 mN was confirmed at the voltage of 45 V and the input energy of 14.7 J [40]. In Japan, the alternative
ignition systems have been developed by the Kyushu Institute of Technology, the Nagaoka University of
Technology and ISAS/JAXA. At the Kyushu Institute of Technology, 1 kW-class arc plasma torch thruster has
been developed, and a maximum combustion chamber pressure of 0.3 MPa was confirmed [41]. At the Nagaoka
University of Technology and the ISAS/JAXA, the laser ignition systems for SHP163 and ADN based
monopropellant (ADN/MMAN/Urea = 40/40/20 wt.% [42]) have been developed and researched [43, 44].

However, these thrusters with alternative ignition system have not yielded practical applications.

1.3. Objectives of Thesis
When employing HAN-based monopropellants in a conventional reaction control system (RCS) thruster
with solid catalyst, there are some technical problems in environments with higher operating temperatures (flame

temperature) and oxidizing combustion atmosphere such that the iridium-based and platinum based solid
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catalysts (such as S405, Shell405, LCH-207, and LCH-210) sinter and degrade [3, 7]. At lager hydrazine thruster,
these similar problems are observed [45]. To solve these problems, in this laboratory, the alternative ignition
systems using discharge plasma have been proposed and researched [46, 47]. However, in terms of the reactivity
of monopropellant by discharge plasma, there are some technical such that these systems have not been
evaluated the requirements for monopropellant thruster, and the reactivity is insufficient by the discharge plasma.
In this study, to improve the reactivity of monopropellant, an alternative ignition system that uses discharge
plasma of a gas (e.g. Ar, Xe, He and N), called discharge plasma system, has been proposed. A discharge
plasma is generated from ionized gas using a direct current power supply, and a monopropellant is reacted by
joule-heating and thermal decomposition when it comes into contact with the discharge plasma.

The objective of this thesis is to design and built the laboratory model thruster with discharge plasma
system for HAN based monopropellant SHP163, and to evaluate the performance characteristics of the thruster.
Additionally, the feasibility of HAN-based monopropellant thruster with the discharge plasma system is
evaluated. For the stable ignition of monopropellant, it is necessary to evaluate and consider three factors that
monopropellant species, input energy, and flow and pressure field. In terms of input energy, power supply was
set with the minimum energy for plasma stable generation. In addition, one HAN-based monopropellant,
SHP163, was prepared. Thus, in this study, a factor of flow and pressure field was evaluated for HAN-based
monopropellant thruster with discharge plasma system. A factor of flow and pressure field is discussed in terms
conditions that gas species, gas supply methods, monopropellant supply methods, and combustion chamber
design. Additionally, to employ the ignition system for the monopropellants in space propulsion system, it is
necessary to consider the requirements that combustion stability, multiple ignition (ignition repeatability),
response time, power consumption, and thruster lifetime. To meet the requirements for monopropellant thruster,

the following performance of this monopropellant thruster was evaluated in this study.

e Combustion Stability — Long Term Steady State Operation (>5 s)
e Multiple Ignition — Conditions of Ignition Repeatability

e Response Time — Thrust (or Pressure) Rise Time

e Power Consumption — Consumed power for Thruster Operations
e Thruster Lifetime — Electrodes Degradation

1.4. Outline of Thesis

The outline of thesis is organized as follows.

Chapter 2 provides the overview of ignition method using discharge plasma and the concept of chemical
reaction by discharge plasma.

Chapter 3 presents the schematic of experimental apparatus and the specifications of measurements.

Chapter 4 presents the results of propellant ignition tests, the effects evaluation of gas injection methods

5



on generated plasma conditions and SHP163 ignition characteristics, and proposes the discharge plasma system.
In terms of both the mass flow rate and the geometric swirl number of the gas injector, the effects on ignition
characteristics are evaluated under sea-level.

Chapter 5 presents the experimental results of vacuum firing tests to design and build a thruster with
discharge plasma system. In terms of both propellant injector and combustion chamber, the design of thruster is
estimated.

Chapter 6 shows the thruster performances that are evaluated by the characteristics exhaust velocity and
the emission spectra.

Finally, Chapter 7 summarizes this thesis in terms of a green monopropellant thruster with discharge

plasma system.
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Chapter 2
Discharge Plasma Svstem for Green Monopropellants

2.1. Chemical Reaction by Plasma Ignition

The ignition of propellant using the discharge and plasma has been continuously researched for various
engines (e.g. scramjet engine, gasoline engine, and arcjet thruster) [1-3]. Figure 2-1 shows the schematic of
major pathways of combustion by discharge plasma ignition (using examples from [4] Yiguang Ju, and Wenting
Sun, 2015). At the thermal pathway, it is expected to increase the temperature of chamber, and to accelerate
chemical reaction of propellant by the Arrhenius equation. At the kinetic pathway, since the high energy of ions
and electrons were produced further by discharge plasma, it is expected to produce the active radicals (e.g. NO,
O, H, and OH) and excited molecules. At the transport pathway, it is expected that the ionic wind (as is well
known in the corona discharge), the flow field and the fuel fragments are produced by changing process of
combustion. Thus, the ignition system using discharge plasma is expected to enhance combustion reaction of the

green monopropellant through these reactions.

[ Green Propellant ]

-+

Discharge Plasma

Flow Field
Ions/Electrons

Combustion Enhancement

Fig. 2-1 Schematic of major enhancement pathways of combustion by discharge plasma ignition.
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2.2. Concept of Discharge Plasma System

In this study, the discharge plasma system has been proposed for ignition of green-monopropellant of
space propulsion system, and it can be expected to use green-bipropellant (e.g. N,O/C,HsOH, and N,O/DME)
for the propulsion of lager thrust-level in the future. Additionally, this system is expected to enhance combustion
reaction of the propellant through ion-molecule and radical-molecule reactions from the discharge plasma and to
operate with a dual-mode, either in a high-specific-impulse-mode (at high-current and low-voltage, such as the
arcjet thruster) or a high-thrust-mode. Figure 2-2 presents the process of reaction using discharge plasma system.
The system consists of a cathode, insulator, and anode, and the electrodes have the hollow cylindrical geometry.
First, the gas valve is opened, allowing gas to flow into the electrodes through the gas injector. Next, the DC
power supply is turned on. An intense electric field forms between the cathode and anode, and a discharge
plasma is then generated from ionized gas. Finally. the monopropellant ignites by joule heating and thermal
decomposition when it comes into contact with the discharge plasma. Although the standard arcjet thruster have
been operated at the high current (>10 A) and the low voltage (<100 V), this system is operated using that the
discharge plasma is generated at the high voltage from 100 V to 1000 V and the low current below 1.0 A
because the enhancement of ignition (the operation of high response and high thrust) for monopropellant is
expected by the glow-discharge plasma (i.e. non-equilibrium plasma). Additionally. compared with other
ignition systems, such as a spark plug, a plasma torch and a laser-ignition, this system has the potential for an

increase in reactivity of propellant by the input of spatial energy using discharge plasma.

Insulator Discharge Reaction
Plasma Mono- Gas

Propellant

Tonized Gas Ignition
using by
Discharge Plasma

Fig. 2-2 Schematic of ignition process using discharge plasma system.

In this system, the gas species for plasma generation must be considered. Table 2-1 shows the
characteristics properties of gas. The helium, xenon, and nitrogen were proven the space flight to use the
propellant feed gas (i.e. helium, and nitrogen) and propellant (xenon, and nitrogen) for cold gas thruster, ion
thruster, and hall thruster. Although the krypton and xenon have the lower ionization energy, and higher density,
these gasses have expensive. On the other hand, one of noble gas, an argon gas, has beneficial effect on plasma

generation, and lower cost. Additionally, since the consumed amounts of gas must be considered for long-term
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operation of thruster, in this thesis, argon gas was selected for plasma generation.

Table 2-1 Characteristic properties of gas.

Gas Species Helium Argon Krypton Xenon Nitrogen
Compositions He Ar Kr Xe N,
Meta-Stable
2°s, 2's, 3%, 3, 3%, 3%, 3%, 3s, A%, B, Cm,
State
Excited Energy, 198 206 116 11.7 992 106 832 945 6.17 7.35 11.0
ev 61 BI Bl B Bl Bl Bl B (6] (6] [6]
lonization 24.59 15.76 14.00 12.13 15.58
Energy, eV [7] [7] [7] [7] [7]
Density at 0 °C,
0.178 1.78 3.73 5.89 1.25
kg/m®
Molecular
4.00 39.95 84.80 1313 28.01
Mass, kg/kmol
Cost Low Low High High Low
Propellant Propellant
N/A N/A Propellant Pressurization /
Pressuriza- for lon/Hall
Fight-Proven (Flight- (Flight- Cold Gas
tion Thruster
Qualified) Qualified) [10]
(8] [9. 10]
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Chapter 3
Experimental Apparatus and Measurements

This chapter presents the apparatus for firing tests of thruster under sea level and vacuum condition, and

the specifications of each measurement.

3.1. Vacuum Chamber

All of experiments were conducted inside vacuum chamber to ensure safety. Figure 3-1 shows the
configuration of vacuum chamber. The cylindrically shaped chamber of length and diameter are 1000 mm, and
600 mm, respectively. In the case of firing tests under vacuum condition, all of experiments were conducted at
ambient pressure below 1.5 kPa using a mechanical booster pump (Shimadzu Emit GDH-1302, MBP) and rotary
pump (Shimadzu Emit MB-600F, RP), and the ambient pressure inside the vacuum chamber was measured using
a vacuum gauge (Pfeiffer Vacuum TPR 280). To prevent the inflow of exhaust plume into the pump at vacuum
firing test, the chamber was closed using the gate valve (VAT DN63-400), and the pump power was turned off

before firing tests.

MBP RP

Vacuum
Chamber

Fig. 3-1 Schematic of vacuum chamber.
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3.2. Power Supply

The direct current (DC) power supply (NISTAC HV-2K10) was attached outside the vacuum chamber,
as shown Fig. 3-2. Table 3-1 shows the specifications of power supply. In addition, to reduce the inrush current
after the DC power supply was turned on, a stabilizing cement-resistance of 380 Q was inserted. The discharge
voltage and current waveforms were measured using a high-voltage probe (Tektronix P6015A) and a current

probe (Tektronix TCP312A), respectively.

DC Power
Supply

@ Voltage Probe
@ Current Probe

E Stabilizing Resistor

\-

/

Vacuum

Chamber

|||—k

Fig. 3-2 Schematic of DC power supply.

Table 3-1 Specifications of DC power supply.

Model NISTAC HV-2K10
Voltage Range 0to2.0kV
Current Range Otol.0A

3.3. Feed System of Propellant and Gas

The gas feed system consists of an argon gas tank, solenoid valve (CKD AB31-02-2), mass flow meter
(KEYENCE FD-A10), and needle valve (KEYENCE FD-C1), as shown in Fig. 3-3. The mass flow rate of argon
gas is controlled by the pressure of upstream from the argon gas tank. The pressure of upstream was set before
firing test, and the argon mass flow rate was measured using the mass flow meter at firing test.

The propellant feed system is a pressure-fed system. The propellant feed system consists of a nitrogen

gas tank, propellant tank, propellant valve (CKD USB3-6-1), coriolis mass flow meter (KEYENCE FD-SS02A),
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and a propellant injector. The propellant mass flow rate is adjusted using the pressure of the pressurant gas (i.e..

nitrogen gas) before firing test, and the pressure of upstream was fixed at firing test.

Regulator

Solenoid Valve
Needle Valve

Gate Valve

Pressure Transmitter

Mass Flow Meter

EI@X ¥ % %

\
SHP163_J
Tank b : R
Thruster
\_ Z
/ +=
Vacuum
Chamber

Fig. 3-3 Schematic of feed system.

3.4. Measurements

3.4.1. Discharge Voltage and Current Measurement
The discharge current and voltage were measured using each probe. Table 3-2 shows the specifications

of each probe. The waveforms of current and voltage were recorded using data logger of KEYENCE NR-HAO0S.

Table 3-2 Specifications of probe.

Model Tektronix TCP312A Tektronix P6015A
Bandwidth DC to100 MHz DC to 75 MHz
Rise Time <3.5ns 4.0 ns

1 AV 1000X
Maximum Rating

(Low-current Sensitivity) (1/1000)
SA

Maximum Input 20kVv DC

(Low-current Sensitivity)
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3.4.2. Thrust Measurement

The thrust stand system consists of a load cell (KYOWA LTS-200GA), pulley, spring plate (made of
aluminium), and calibration weight, as shown in Fig. 3-4. Table 3-3 shows the specifications of the load cell.
The voltage-output of load cell (i.e. thrust) is calibrated using calibration weight. The calibrations of thrust stand
at each time of firing tests for six times were conducted before firing tests. Figure 3-5 shows the result of
calibration, and then the coefficient of load cell output was 1.599 mV/N. Thus, the thrust at firing tests was
calculated by the load cell output using the calibration-coefficient of 0.625 N/mV. Additionally, the normal

mode frequency of the thrust stand with a thruster and feed line was 29 Hz before firing test.

Calibration ~ Load Spring
Weight  Cell Plate

Fig. 3-4 Schematic of thrust stand system.

Table 3-3 Specifications of load cell.

Model KYOWA LTS-200GA M2
Rated Output 1.5 mV/V (3000x10°° strain)
Rated Capacity 0to2 N

Bridge Resistance 120 Q £10%

Bridge Voltage +1V
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Fig. 3-5 Results of calibration for six times.

3.4.3. Pressure and Mass Flow Rate Measurement

The feed pressure and pressure of internal thruster were measured using the pressure transducers. Table
3-4 shows the specifications of pressure transducer.

The mass flow rate of propellant and gas at firing tests were measured using the mass flow meters. Table
3-5 shows the specifications of mass flow meter. The SHP163 mass flow rate below 0.2 g/s was unmeasurable
using the mass flow meter. In that case, since the mass flow rate is proportional to the square root of the
difference in pressure between the propellant tank and the orifice of the injector, the mass flow rate at firing test
was calculated using that the predicted curve of mass flow rate was obtained from the measured mass flow rate

at seal-level condition.

Table 3-4 Specifications of pressure transducer.

NAGANO KEIKI Pfeiffer Vacuum
Model KEYENCE AP-13S  Gems 3500B250PA
KH-15 TPR 280
Datum Gauge Gauge Absolute Absolute
5-10"to 1-10°
Range 0to 3.5 MPa 0to 1l MPa 0 to 250 psi
mbar
Output Oto5V 410 20 mA 410 20 mA 22t085V
Response
<1lms 5ms 1ms 80 ms
Time
Accuracy +0.25% F.S. +0.5% F.S. 0.25% F.S. +15%
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Table 3-5 Specifications of mass flow meter.

Model KEYENCE FD-A10 KEYENCE FD-SS02A
0 to 200 mL/min @ 1.00 g/cm?
Range 0.3to 10 L/min
0 to 284 mL/min @ 1.41 g/cm®
<0.03 MPa @ 1 cSt
Pressure Drop N/A
< 0.3 MPa @ 30 cSt
Output 410 20 mA 410 20 mA
Response 5ms 50 ms
Sampling Frequency 30 ms 50 ms
Resolution 0.01L 0.1 mL/min
Accuracy +0.5% F.S. +3% F.S.

3.4.4. Data Logger
The waveforms of current, voltage, pressure, mass flow rate, and thrust were recorded using the data

logger of KEYENCE NR-HAOQ8 and NR-ST04. Table 3-6 shows the specifications of data logger.

Table 3-6 Specifications of data logger.

Model KEYENCE NR-HA08 KEYENCE NR-ST04
BV
Setting Range 5 mVvV
0to 20 mA

1 MQ 1% (Voltage)
Input Impedance >1MQ
250 Q +1% (Current)

Setting Sampling

1ms 1ms
Frequency
Bandwidth 250 kHz DC to 5 kHz
A/D Resolution 14 bit 16 bit
Accuracy +0.1% F.S. +0.2% F.S.
Resistance for Strain
N/A 120 Q @4 wire strain gauge

Gauge
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3.4.5. Spectrometer System

The emission spectroscopy system consists of a spectrometer (JASCO MK-300J), high-speed
spectroscopy CCD camera (ANDOR iDus DU420A-0E) with 1024x255 pixels, optical fiber (OFT-10S, length:
1m)., and condenser lens, as shown in Fig. 3-6. Table 3-7 shows the specifications of spectrometer. The
resolution performance of the measurements was set with a exposure time of 1 ms, acquisition period of 49 Hz
(20 ms), entrance slit of 10 p m, center-wavelength of 600 nm, and diffraction grating of 120 lines per millimeter.
The profiles of the exhaust plume were recoded at 200 mm from the exit of conical nozzle and then the profiles

width was set at 20 mm.

: Spectrometer
e +
o CCD Camera

PC

Condenser
= Lens

(a) Overview of experimental apparatus

Spectrometer; INg-=- =

&
CCD Camera
Condenser
Len
s / *Not to scale.
Vacuum
Chamber

(b) Spectral measuring range.

Fig. 3-6 Schematic of spectrometer system.
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To synchronize the operating time with the other waveforms (e.g. waveforms of thrust and pressure), the

CCD was triggered using the opened propellant valve signal. The calibrations of wavelength at each time of

experiments for three times were conducted using Hg pen-ray lamp (UVP, LLC).

Table 3-7 Specifications of spectrometer.

Model

JASCO MK-300J

Diffraction Grating

Wavelength Resolution

Wavelength Range

Measurement Time

Blaze Wavelength

120 lines/mm (50 mm x 50 mm x 6)
0.2 nm @120 lines/mm
200 to 1000 nm
(223 t0 978 nm @ center-wavelength of 600 nm)
20 s (from propellant valve open signal)
@exposure time: 1 ms, acquisition period: 49 Hz

330 nm @120 lines/mm
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Chapter 4
Ignition Characteristics of Discharge Plasma Svstem

In this chapter, the basic propellant ignition characteristics are discussed in terms of the conditions that
induce successful propellant ignition and the associated propellant ignition probability (also known as multiple
propellant ignition), power consumption, and ignition delay time (also known as ignition delay time). The effects
of the geometric swirl number (swirl strength) and argon gas flow rate on these basic ignition characteristics are

experimentally evaluated under atmospheric conditions.

4.1. Experimental Conditions and Apparatus

Figure 4-1 shows a cross-sectional view of a laboratory model of the discharge plasma system with a
swirl injector supplying the argon gas. A liquid propellant injector is located upstream of the swirl injector. The
system also comprises outer housings both upstream and downstream, insulators, and electrodes (cathode and
anode). The outer housings and swirl injector are made of polycarbonate material, the electrodes of stainless

steel (SUS303), and the insulators of alumina ceramic.

Hotising
Swirl
Injec\tor Cathodle InsullatorAnode Insulator
Manifold I
— y
N
o % A
5
SHP163 _——

el

Orifice T 1
o10 |JA&_350 1
I 78.0 N
{ : | | J
Propellant Discharge Plasma
Injector System

Fig. 4-1 Overview of a discharge plasma system with the swirl injector.
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The schematics of the swirl injector for the various geometric swirl numbers are shown in Fig. 4-2. The
swirl injectors are characterized by the geometric swirl number S;. The geometric swirl number determines the
angular momentum ratios of the argon gas using the geometry of the swirl injector, such as the orifice and
central hole dimensions. Neglecting the viscous force of the argon gas, the geometric swirl number can be

defined using only geometrical parameters [1]:

o= =
PcRe nRe Ay

(4-1)

where P¢ is the angular momentum in the tangential direction and P, is the momentum of the central hole. R.and
R, are the radii of the central hole and orifice, 4.and 4, are the areas of the central hole and orifice, and # is the

orifice number. In this study, the swirl strength of argon gas was varied using the geometric swirl number of the

Center Hole @ 4.2 mm (2R ) & 4.2 mm
ﬁgun
Orifice @ 1.0 mm (2R ) @ 1.0 mm
(a) Geometric Swirl Number 0 (b) Geometric Swirl Number 3.4
® 4.2 mm @ 4.2 mm
@ @
@ 1.0 mm @ 1.0 mm

(c) Geometric Swirl Number 6.7 (d) Geometric Swirl Number 13.4

Fig. 4-2 Schematics of the swirl injector with geometric swirl numbers of (a) 0, (b) 3.4, (¢) 6.7, and (d)

13.4 — top-down view.

Impinging

Point Argon Gas Flow Argon Gas Flow
\ from Orifice from Orifice
Cathode
Insulator
Anode —_—
(a) Non-Swirl Flow (b) Swirl Flow

Fig. 4-3 Conceptual views of (a) swirled flow and (b) non-swirled flow.
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swirl injector. Four swirl injectors were prepared to evaluate the effect of the geometric swirl number, for values
of 0, 3.4, 6.7, and 13.4. A geometric swirl number of 0 has a non-swirled flow field and the other geometric
swirl numbers have a swirled flow field, as shown in Fig. 4-3. The manifold is filled with argon gas, and the gas
is supplied through an orifice to the discharge zone, a central hole with a diameter of 4.2 mm. The orifice has a
diameter of 1.0 mm.

An experimental apparatus used for static firing tests is shown in Fig. 4-4. The experimental apparatus
consists of the discharge plasma system, a gas supply system, a propellant supply system, and a DC power
supply. All of the static firing tests were conducted inside a vacuum chamber to ensure safety under atmospheric
conditions. The gas supply system consists of an argon gas tank and a solenoid valve (CKD
AB41-02-3/AB31-02-2). The argon gas mass flow rate is controlled by the upstream pressure from the argon gas
tank. The propellant supply system is a pressure-fed system. The supply system consists of a nitrogen gas tank, a
propellant tank, a non-atomized propellant injector (LEE: INZA4710975H), and a propellant valve (LEE:
INKX0514300A-A). The propellant mass flow rate is adjusted using the pressure of the pressurant gas (nitrogen
gas). The input power supply was set with the following conditions: a maximum voltage of 2.0 kV and a current
limit of 0.8 A. The discharge voltage and current waveforms were measured with a high-voltage probe
(Tektronix: P6015A) and a current probe (HIOKI: 9274), respectively. To evaluate the exhaust flame, the static
firing tests were recorded by video camera through the window of the vacuum chamber. In a different

experiment, the discharge plasma distribution inside the discharge zone was observed downstream of the

:—ﬁd Regulator @ SHP163 Tank :
I %1 Solenoid Valve @ Voltage Probe |
| DX Needle Valve @ Current Probe |
I |

e Stabilizing Resistor ® Pressure Tr:m.\'miltcr_l
DC Power
Supply

Camera
SHP163
Tank

Discharge
ischarge  Gravity
Plasma System

Vacuum Video = =
Chamber Camera g

Fig. 4-4 Overview of the experimental apparatus.
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discharge plasma system using a camera.

Figure 4-5 shows an illustration of the propellant ignition process. In Phase 1, the argon gas valve, as
shown in Fig. 3, is opened, allowing argon gas to flow into the discharge zone through the swirl injector. In
Phase 2, the DC power supply is turned on. An intense electric filed is formed between the cathode and anode,
and then a discharge plasma is generated from ionized argon gas. In Phase 3, the propellant valve is opened. The
propellant is ignited when it comes into contact with the discharge plasma.

Figure 4-6 shows a photograph of three ignition-categories, stable, unstable, and failed ignition. Stable
ignition is defined as the continuity of the exhaust flame. Unstable ignition indicates discontinuity of the exhaust
flame. Failed ignition indicates no exhaust plume, and the emission of unreacted propellant.

In this experiment, the mass flow rate of SHP163 is fixed at 0.3 g/s (£ 0.03 g/s), and the mass flow rate
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Fig. 4-5 Propellant ignition phase.
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Unstable

Failed
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Fig. 4-6 Images of the three categories of ignition.
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of argon gas is varied from 0.125 to 0.175 g/s because stable ignition was observed at this condition in previous

experiments, as shown in Fig. 4-7 [2].

Fig. 4-7 Result of ignition tests of a discharge plasma system with geometric swirl number of 6.7.

4.2. Ignition Tests

4.2.1. Propellant Ignition Probability

First, SHP163 was successfully reacted without any failed ignitions under these experimental conditions
with geometric swirl numbers 0, 6.7, and 13.4. However, for a geometric swirl number of 3.4, some failed cases
were observed, seemingly because of the weak swirl strength. After the ignition of the propellant, some cases
(e.g., with a swirl number of 0 at an argon mass flow rate of 0.150 g/s) resulted in discontinuity of the exhaust
flame. In the unstable ignition cases, it seems that the propellant ignition may be periodic during Phase 3.

Figure 4-8 shows the effect of the geometric swirl number on the ratio of continuous propellant ignition
and power consumption at Phase 3. The static firing tests were conducted ten times for each argon gas mass flow
rate and geometric swirl number. Here, the errors represent the standard deviation for ten times from each trial.
In all cases under our conditions, with swirl numbers 0, 6.7, and 13.4 and for all argon mass flow rates, there
were no failed ignition. In the case of a geometric swirl number of 3.4, the propellant ignition became more
unstable and ignition failed. Thus, it seems that the lower swirl strength induces a flame instability at the
discharge zone in the case of swirling argon gas.

The power consumption was varied approximately from 260 W to 300 W with successful ignition under
our experimental conditions, and it was confirmed that the power consumption is not significantly affected by

the swirl strength.

29



Argon Mass Flow Rate, g/s
00.125 ©0.150 A0.175

e
=100 O . 900
o

E 75 F D i

R 1 750
z (A

55 [ D O

gzs | = O A 4 600
& A

)

S 0 F 1 4503
= 5
825 t | . E
= g & @ s 300§
30 T d 5
5 1 150%
s b 5
2 g
= 2
g i i ; . i . 4

3.0 00 30 6.0 90 120 150 18.0

Geometric Swirl Number, -

Fig. 4-8 Ratio of continued propellant ignition to the effects of geometric swirl number on the power

consumption at Phase 3.

4.2.2. Discharge Plasma Distribution

In the previous section, the relation between the propellant ignition and geometric swirl number was
discussed. In this section, the discharge plasma conditions, such as the distribution inside the discharge zone
prior to supplying the propellant (Phase 2), are evaluated for the different experiments. The photographs shown
in Fig. 4-9 were taken from downstream of the discharge plasma system during Phase 2, and optimally taken
from a single experiment. In addition, the plasma distribution randomly changed as a function of time, as shown

in Fig. 4-10, and so were taken downstream of the discharge plasma system during Phase 2 using a high-speed

Geometric
Swirl
Number S,

0.125  0.150 0.175

Argon Gas Mass
Flow Rate, g/s

Fig. 4-9 Effects of the argon gas mass flow rate and geometric swirl number on the plasma distribution.
These photographs were taken from downstream of the discharge plasma system. (ISO: 800, exposure
time: 2.5 ms, f: 20).
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digital CCD camera (KATOKOKEN., K-II). It seems that the fullness of the discharge plasma increases as a
function of geometric swirl number. At a geometric swirl number of 0, the plasma is less distributed in the
discharge zone, and changes location as a function of time. The lack of plasma distribution makes it difficult for
the propellant to make contact with the plasma. However, in the case of a geometric swirl number of 0. the
propellant ignition is more stable than with a geometric swirl number of 3.4. It seems that the impingement of
argon gas atomizes the propellant at the center hole of the swirl injector with a geometric swirl number of 0,
while the propellant at the geometric swirl number of 3.4 is less affected by the swirling argon gas. In addition,
stable ignition has a non-negligible effect on the plasma distribution before propellant ignition. Thus, it seems

that the propellant ignition is stabilized by the atomized propellant.

1 Oms Sms 10ms 15ms 20ms 25ms 30ms !

35ms 40ms 45ms 50ms 55ms 60ms 65ms

(a) Geometric Swirl Number 0
1_0ms 10ms 15ms 20ms 25ms 30ms !

35ms 40ms 45ms 50ms 55ms 60ms 65ms
(b) Geometric Swirl Number 6.7

Fig. 4-10 Plasma distribution with geometric swirl number (a) 0 and (b) 6.7 at an argon gas mass flow rate
of 0.150 g/s. These photographs were taken from downstream of the discharge plasma system using a

high-speed digital CCD camera (fps: 200, exposure time: 1 ms).

4.2.3. Ignition Delay Time

In this thesis. a ignition delay time is defined as the time from the opening of the propellant valve to the
start of the chemical reaction. as shown in Fig. 4-11. In this discharge plasma system. when the propellant makes
contact with the discharge plasma, the discharge voltage becomes higher. The discharge voltage fluctuates with
changes in the electric resistance because the resistance of the mixture of the discharge plasma. the unreacted
propellant, and the intermediate and combustion products is higher than the resistance of the discharge plasma.
Thus, when the discharge voltage starts fluctuating, the propellant reaction has also started.

The measured delay times are shown in Fig. 4-12. It was confirmed that the delay time is less affected by
the argon gas mass flow rate at each geometric swirl number. At a geometric swirl number of 0, the delay time

tends to be longer, e.g., more than 100 ms. In contrast, at the highest geometric swirl number, the delay times are
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less than 100 ms. It seems therefore that the plasma conditions inside the discharge zone have a non-negligible
effect on the delay time.

The relation between the geometric swirl number and the averaged ignition delay time is shown in Fig.
4-13. Here, the errors represent the standard deviation for ten times from each trial. The averaged delay time

tends to be shorter at higher geometric swirl numbers. With the lack of plasma distribution at the lowest
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Fig. 4-11 Evaluation of ignition delay time. The discharge plasma system with a geometric swirl

number of 6.7 at a propellant mass flow rate of 0.3 g/s, and an argon gas mass flow rate of 0.125 g/s.
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geometric swirl number, propellant has less contact with the discharge plasma; thus, the delay time may become

longer.

Fig. 4-13 Effect of the plasma distribution for each geometric swirl number on the averaged ignition delay
time. These photographs of the plasma distribution were taken downstream of the discharge plasma

system for an argon gas mass flow rate of 0.150 g/s. (ISO: 800, exposure time: 2.5 ms, f: 20).

4.3. Summary

In the chapter 4, to understand the propellant ignition characteristics of discharge plasma system, the
effects of geometric swirl number on the ignition characteristics were evaluated under atmospheric conditions. It
is concluded that the geometric swirl number has strong effects on the plasma distribution, the propellant
ignition probability, and the ignition delay time. The continuity of the combustion flame was confirmed at an
argon gas mass flow rate from 0.125 to 0.175 g/s and SHP163 mass flow rate of 0.3 g/s. In addition, the effect of
the geometric swirl number on the ignition delay time was confirmed, with higher geometric swirl numbers

reducing the delay time.

4.4. Reference in Chapter 4

[1] Beer, J. M. and Chigier, N. A., “Combustion Aerodynamics,” (1972), pp100-146.

[2] Wada, A., “Study on Discharge Plasma Catalyzer for Space Propulsion with Green Monopropellant,”
Master’s Thesis, 2014.
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Chapter 5

Design and Build of HAN-Based Monopropellant Thruster
with Discharge Plasma System

The experiments in previous chapter evaluated the effects of the geometric swirl number of the swirl gas
injector and noble gas (argon gas) mass flow rate on ignition characteristics. At an argon mass flow rate of 0.15
g/s and SHP163 mass flow rate of 0.3 g/s, the continuity of the exhaust flame from downstream of the discharge
plasma system with a geometric swirl number of 6.7 was confirmed at sea level. However, performances of a
thruster—such as the thrust, combustion chamber pressure, characteristic exhaust velocity efficiency and power
consumption—with a discharge plasma system under a vacuum condition have not been well evaluated.
Additionally, in the case of this HAN-based monopropellant, previous experimental data of the thruster do not
exist to guide the design of the combustion chamber.

In this chapter, static firing tests of a 1-N-class thruster with a discharge plasma system are conducted
under a vacuum condition. The combustion characteristics are discussed considering the characteristic exhaust
velocity efficiency and power consumption of SHP163 ignition. The effects of the characteristic length of the
combustion chamber (L*, L-star) and SHP163 injection methods on combustion characteristics are
experimentally evaluated at an argon mass flow rate of 0.15 g/s and nozzle expansion ratio of 1. The L-star of
the combustion chamber is varied by varying the combustion chamber length and the design combustion

chamber pressure is set at 0.4 MPa.

5.1. Experimental Conditions and Apparatus

A cross-sectional view of a laboratory model of the thruster with a discharge plasma system is shown in
Fig. 5-1. A propellant injector for SHP163 is located upstream of the swirl gas injector. A swirl injector with a
geometric swirl number of 6.7 is prepared because the continuity of the combustion flame was confirmed for this
injector under a sea-level condition. The system also has outer housing both upstream and downstream,
insulators, electrodes (i.e., a cathode and anode) and a convergent nozzle (i.e., a throat nozzle). The outer
housing is made of polycarbonate materials, the electrodes and convergent nozzle of stainless steel (i.e.,
SUS303) and the insulators of alumina ceramic. The central hole of the thruster (i.e., the combustion chamber

diameter) is 4.2 mm and the electrode gap is 3.5 mm.
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To evaluate combustion characteristics of the combustion chamber, a nozzle with an expansion ratio of 1
was prepared. The combustion chamber of the monopropellant RCS thruster is generally designed at about 1.0
MPa [1]. Additionally, SHP163 has a high burning rate under the pressure above 1.0 MPa [2, 3]. However, the
effect of the combustion chamber pressure on the combustion characteristics of SHP163 with discharge plasma
is not well understood. Thus, in this experiment, to evaluate the operation of the thruster at low combustion
chamber pressure, the chamber pressure was designed to be 0.4 MPa. The configuration of the thruster is given

in Table 5-1.
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Fig. 5-1 Overview of the thruster with a discharge plasma system.

Table 5-1 Configuration of the designed thruster.

Target thrust, N 0.17 to 0.68
SHP163 feed pressure, kPa, gauge 200 to 800
Target SHP163 mass flow rate, g/s 0.10 to 0.40
Target Argon mass flow rate. g/s 0.15
Designed combustion chamber pressure, MPa 0.40
Combustion chamber characteristics length, mm 508, 734, 960
Nozzle throat area, mm’ 1.2
Nozzle expansion ratio, - 1
Discharge current limit, A 0.8
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Fig. 5-2 Overview of the experimental apparatus.

The experimental apparatus for vacuum firing tests is shown in Fig. 5-2. The experimental apparatus
consists of the thruster with a discharge plasma system, gas feed system, propellant feed system, thrust stand
system and DC power supply for discharge plasma generation. All of experiments were conducted under
ambient pressure of 1.2 kPa using a mechanical booster pump (MBP) and rotary pump (RP). In addition, the
ambient pressure in the vacuum chamber was measured using a vacuum gauge (Phiffer Vacuum TPR 280). The
gas feed system consists of an argon gas tank, solenoid valve (CKD AB31-02-2), mass flow meter (Keyence
FD-A10) and needle valve (Keyence FD-C1). The argon gas mass flow rate is controlled by the pressure
upstream of the argon gas tank. In static firing tests, the argon mass flow rate was measured using the mass flow
meter. The propellant feed system is a pressure-fed system. The propellant feed system consists of a nitrogen gas
tank, propellant tank, propellant valve (CKD USB3-6-1), and laboratory model of a like-impinging doublet
injector. The propellant mass flow rate is adjusted using the pressure of the pressurant gas (i.e., nitrogen gas).
The HAN-based monopropellant (SHP163) mass flow rate of a 1-N-class RCS thruster is about 0.4 g/s. In this
experiment, the SHP163 mass flow rate is varied from 0.17 to 0.68 g/s and the mass flow rate of argon gas is
fixed at 0.15 g/s. Figure 5-3 illustrates the atomized condition of the doublet injector at feed pressure of 600 kPa.

The orifice diameter and angle of impinging streams are 0.11 mm and 62 degrees, respectively. The measured
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mass flow rate of SHP163 with the doublet injector under a sea-level condition is shown in Fig. 5-4. The mass
flow rate is proportional to the square root of the difference in pressure between the propellant tank and the
orifice of the doublet injector [4]. Thus, in static firing tests, the mass flow rate of SHP163 is calculated from the
difference in pressure between the propellant feed and the orifice exit of the propellant injector. The propellant
feed pressure and the pressure of the internal thruster (i.e., argon gas tube) were measured using Keyence
AP-13S and Nagano KH-15 pressure transmitters, respectively. The thrust stand system consists of a load cell
(Kyowa LTS-200GA), pulley. spring plate (made of aluminum) and calibration weight. The thrust is calibrated
using the calibration weight. The DC power supply (NISTAC HV-2K10) was connected outside the vacuum
chamber. The input power supply was set with a maximum voltage of 2.0 kV and a current limit of 0.8 A. In
addition, to reduce the inrush current after the DC power supply was turned on, stabilizing resistance of 380 Q
was inserted. The discharge voltage and current were measured using a high-voltage probe (Tektronix P6015A)
and current probe (Tektronix TCP312), respectively.

Figure 5-5 is an illustration of the propellant ignition process using the discharge plasma system. In
Phase 1, the argon gas valve is opened, allowing argon gas to flow into the combustion chamber through the
swirl gas injector. In Phase 2. the DC power supply is turned on. An intense electric field forms between the
cathode and anode. and a discharge plasma is then generated from ionized argon gas. In Phase 3. the propellant

valve is opened. The propellant ignites when it comes into contact with the discharge plasma.

Orifice
(¢#0.11 mm)
Injector
Top View o o
o 0 2i G
Side View ‘

Fig. 5-3 Side view of the atomized condition with the like-impinging doublet injector. (exposure time: 1.25

ms, f: 4).
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Fig. 5-4 Measured mass flow rate of SHP163 at various feed pressures.
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Fig. 5-5 Propellant ignition sequence.

5.2. Evaluation of Combustion Characteristics

5.2.1. Firing Tests in Vacuum Condition

In this section, the doublet injector for SHP163 supply was prepared because it was confirmed that
ignition performances (i.e. ignition probability, and power consumption) at sea-level were almost same in
comparison with single-hole injector. In firing tests performed under a vacuum, the effects of the feed pressure
of SHP163 on ignition characteristics were confirmed. Figure 5-6 shows waveforms of successful ignition and
failed ignition. Stable operation was confirmed at SHP163 feed pressure of 400 kPa, and steady thrust of 0.31 N

and internal argon tube-pressure of 0.38 MPa were then observed at an argon mass flow rate of 0.15 g/s and
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SHP163 mass flow rate of 0.24 g/s. Here, the steady thrust and pressure were evaluated for 5 s before the
SHP163 valve was closed. The thrust and pressure increased at approximately the same time after the propellant
valve was opened. The waveform of thrust after the ignition of SHP163 depended on the normal mode frequency
of the thrust stand because the output from thrust stand included oscillation at 29 Hz. In addition, the discharge
voltage instantaneously increased in Phase 3. The thruster was operated in constant current mode in Phase 2
when the power supply was turned on. The discharge voltage and current fluctuated with changes in the electric
resistance because the resistance and pressure between the electrodes was increased by reaction products and
unreacted propellant. Although the constant-current mode operated in Phase 2, it seems that the constant-voltage
mode and constant-current mode operated with changes in Phase 3. The increased power consumption in Phase 3
was therefore affected by the reaction of SHP163 utilizing discharge plasma.

In contrast with the case for feed pressure of 400 kPa, some failed cases were observed at a feed pressure
above 600 kPa. The SHP163 ignited for a few seconds after the propellant valve opened as shown in Fig. 5-6 (b).
However, the thrust and pressure decreased after the SHP163 ignited. In cases of failed ignition, power

consumption of approximately 58 W was observed in Phase 3. It seems that the discharge plasma of argon could
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Fig. 5-6 a) Waveform of successful ignition at SHP163 feed pressure of 400 kPa and b) that of failed
ignition at SHP163 feed pressure of 800 kPa.
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not be generated between the electrodes because the discharge zone was filled with unreacted propellant and
electric current then conducted through propellant between the cathode and anode.

At successful ignition, the Mach disk in underexpanded flow was observed from downstream of the
thruster as shown in Fig. 5-7. In addition, no plume of argon plasma in Phase 2 was observed. This result
suggests that the flow of reacted gas was choked in the throat nozzle. In addition, it seems that the observed
emissions of the plume from the throat nozzle were affected by reaction products (e.g., N, NO, N,O. NO,, CO
and CO;) of SHP163. It is likely that some of the products of SHP163 were ionized and dissociated in the
combustion chamber in Phase 3. The following equation (i.e., an experimental equation of H. Ashkenas and F. S.
Sherman) [5] gives the relation between the combustion chamber pressure P, and the length from the throat part

to the location of the Mach disk X;,.
0.5
X; P,
2 =0.67 (—C-) (5-1)

This equation is independent of gas properties at 15 < P./ P, < 17.000. The relation between the pressure
ratio (P, / P,) and X,/ D; is shown in Fig. 5-8. The error bars represent the standard deviation for testing of three
times. Although the ambient pressure in the vacuum chamber was 100 Pa before the firing test. the ambient
pressure after the firing test varied from 1.0 to 1.2 kPa owing to the effect of the argon gas and reaction products.
It was confirmed that the prediction line of Eq. (5-1) and measurements were almost the same. It was thus
observed that the measured pressure of the internal argon gas tube approximates the combustion chamber

pressure.

AN —
Phase 2 Phase 3

a) Downstream views of a thruster.

Argon
5 Thruster Exhaust

r— 1_ A Throat Plume
|
|

[ e
I—»I X
Xy Mach Disk

b) Side-view of a thruster.

Fig. 5-7 Hot-fire testing of the thruster with the discharge plasma system under vacuum conditions.
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Fig. 5-9 Overview of the experimental apparatus for the pressure evaluation.
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5.2.2. Evaluation of Combustion Chamber Pressure

To evaluate internal pressure of thruster, the pressure of upstream (internal pressure of argon-tube) and
downstream (combustion chamber pressure) of thruster were measured using Keyence AP-13S and Nagano
KH-15 pressure transmitters, as shown in Fig. 5-9. The combustion chamber characteristics length is 1365 mm
because the port of pressure transmitter was attached to combustion chamber. The port of pressure transmitter
was installed at 4 mm away from throat nozzle. Additionally, The Keyence AP-13S pressure transmitter was
attached outside the vacuum chamber using the stainless tube that has a length of 415 mm. Hence the sum of
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Fig. 5-10 Waveforms at firing tests.
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internal volume of argon tube (from needle valve to the port of swirl injector manifold) and the tube for pressure
measurement is occupied 87% of the volume in the thruster. The feed pressure of SHP163 and the feed pressure

of argon gas were set 0.42 MPa and 0.55 MPa, respectively.

Throat

Thruster -} /

IX\! ® \

Mach Disk X, (0)=16 mm

X\I (1) =17 mm

Xy (2)=16 mm

X, (3)=15mm

Xy (4)=16 mm

Xy (5)=15mm

Fig. 5-11 Side-views of the thruster at firing test.
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Figure 5-10 shows the result of pressure measurement of argon tube and combustion chamber. At the
operation time of 0 s, the argon plasma was generated in discharge zone. Next, it was confirmed that the internal
pressure of argon tube and combustion chamber pressure increased immediately after the SHP163 was injected,
as shown in Fig. 5-10 b). The averaged internal pressure of argon tube and the averaged combustion chamber
pressure at Phase 3 were 0.28 MPa and 0.27 MPa, respectively, and the averaged SHP163 mass flow rate and the
averaged argon mass flow rate were then 0.31 g/s and 0.13 g/s, respectively. Figure 5-11 shows the photographs
from side view of the thruster for 6 s before propellant valve was closed. At Xy (t = 0) = 16 mm and P, = 800 Pa,
the predicted combustion chamber pressure was 0.29 MPa by Eq. (5-1). Additionally, the length from the throat
part to the location of the Mach disk in a range of operation time t from 0 s to 5 s was from 15 mm to 17 mm,
and the predicted combustion chamber pressure was then from 0.26 MPa to 0.33 MPa. It was thus observed that
the measured combustion chamber pressure approximates the predicted pressure by the length from the throat
part to the location of the Mach disk. In addition, it was confirmed that pressure drop between the upstream of
thruster (i.e. argon tube) and combustion chamber at steady operation was 0.01 MPa.

The response of the 1N-class RCS thruster is generally required at about 50 ms for pulse operation in
orbit [6, 7]. The ignition delay time and the rise time of pressure were evaluated by the discharge waveforms and
measured combustion chamber pressure. In this thesis, the ignition delay time and rise time of combustion

chamber pressure were defined as follows.

« “Ignition Delay Time” is the time from the opening of the propellant valve to the start of chemical
reaction (i.e. the start of reaction of SHP163).
« “Rise Time of combustion chamber pressure” is the time from the start of increased pressure to 90%

steady combustion chamber pressure (90% Pg).

Figure 5-12 shows the waveforms in a range of operation from the open signal of the propellant valve to
the steady operation of thruster (for 1 s of the operation time). At the operation time of 0 s, the open signal of
propellant valve was acquired from the data logger. As a result, ignition delay time was 458 ms when the
discharge voltage starts fluctuating. In the case of doublet injector, the ignition delay time was longer than with a
single-hole injector, as shown in the results of chapter 4. It thus seems that it takes propellant a while to stabilize
the atomization conditions (i.e. the distribution and particle diameter of the droplet) and the mass flow rate.

Next, the rise time of combustion chamber pressure (from the start time of increased pressure 270 ms to
90% P.) was 597 ms. In addition, the time required for combustion chamber pressure to approximate the internal
pressure of argon tube from the start of increased pressure was 150 ms. Thus, it seems that the rise time of the
pressure is able to decrease by design of the smaller volume about the tube (i.e. tube for measurement system
and gas feed system) and the combustion chamber because the response depends on the internal volume of

thruster. Additionally, since the propellant was supplied in the swirling gas, it seems that the propellant makes
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contact with the electrode and the wall of combustion chamber before propellant feeding in the discharge zone,
and is fed along the wall.

Therefore, it seems that the response of the thruster is depended on the swirl strength of argon gas and
atomization conditions of SHP163 because the response of the thruster was strongly affected by plasma

distribution before propellant ignition by the result of chapter 4.

Fig. 5-12 Ignition delay time and rise time of combustion chamber pressure.

5.2.3. Effects of L-star on Combustion Characteristics

In this section, the feed pressure of the SHP163 is fixed at 400 kPa because some failed cases were
observed at feed pressures above 600 kPa as described in the previous section. Here, from this section, all of
firing tests were conducted at the configuration of Fig. 5-2. Figure 5-13 shows the effects of the combustion
chamber characteristic length (L-star) on thrust and power consumption. The errors represent the standard
deviation for testing of three times. The average thrust was varied from 0.27 to 0.29 N at each L-star. It was
confirmed that power consumption of the argon plasma (in Phase 2) and thrust are less affected by L-star. The
average power consumption in Phase 2 was 142 W. In addition, power consumption in Phase 3 varied from 393
to 516 W.

To evaluate the combustion characteristics, the efficiency of the characteristic exhaust velocity (C,
C-star) is defined as the ratio of measured and theoretical values of C-star. In this experiment, the experimental

C-star is evaluated using the pressure of the internal argon gas tube P because the difference in pressure between
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the internal argon gas tube and combustion chamber was small, such as in the results of the previous section. The
combustion chamber pressure is evaluated by the measured pressure of the internal argon gas tube (upstream of
the thruster) under steady operation. The following equation is used to calculate the C-star efficiency 7c« [4].

PcAt )

*
for= Cxp. :(m'SHP163
C

= = (5-2)
Crheory  CsHpi63

Here, m’sypis3 IS the predicted mass flow rate of SHP163 when the combustion chamber pressure
increases. Assuming equable pressure produced in combustion chamber, the theoretical characteristic exhaust
velocity of SHP163 Cshpies is calculated using NASA-CEA code [8] at a combustion chamber pressure of 0.4
MPa and a nozzle expansion ratio of 1 under the condition of frozen flow. C’cea is a function of combustion

conditions (the properties of the product gas) at the exit of the combustion chamber (throat nozzle).

Fig. 5-13 Thrust and power consumption at each chamber characteristic length.

The C-star efficiency at each L-star is shown in Fig. 5-14. The errors represent the standard deviation. It
is seen that a shorter L-star increased the C-star efficiency. At a shorter L-star, the C-star efficiency exceeded
100% according to Eq. (5-2) because this equation neglects the enthalpy of argon plasma. In this thruster system,
C-star reflects the effective energy of SHP163, argon gas, the quality of combustion chamber and injectors. Thus,
in this thruster, to evaluate the combustion characteristics of SHP163, the following equation is used to calculate
the C-star efficiency without the argon plasma 7’c«.

. {(PS'PZ)At}

— Cexp. — m'sHp163

7] *—_ * * (5'3)
C  CTheory  CsHpies
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Here, P, is the pressure of generated argon plasma at Phase 2, and P; is the pressure in combustion
chamber at Phase 3. Neglecting the ionization and dissociation of some reaction product of SHP163, and
assuming that the argon plasma is generated at Phase 3 in the same reaction as Phase 2, it is assumed that the
increased pressure (the difference in pressure between the pressure of Phase 2 and Phase 3) indicates the reacting
SHP163 by argon plasma.

At an L-star of 508 mm, a C-star efficiency of 88% is obtained using Eq. (5-3). In addition, it is observed
that a shorter L-star increases the C-star efficiency of Eq. (5-3). However, in all experiments, unreacted
propellant was observed from the throat nozzle. It thus seems that the input energy of argon plasma is
insufficient for a reaction with a propellant under these experimental conditions. In addition, it seems that the
performance of the thrust and C-star efficiency is strongly affected by the thermal and friction loss at the
combustion chamber wall at a longer combustion chamber length (from the orifice of the injector to the throat

nozzle).

Fig. 5-14 C-star efficiency at each chamber characteristic length.

5.2.4. Improvement in Ignition Performance

Sections 5.2.1 to 5.2.3 reported experimental results of a thruster with a like-impinging doublet injector.
However, some failed cases at an SHP163 feed pressure exceeding 600 kPa were observed for the doublet
injector. To improve ignition performance in terms of ignition probability at a feed pressure above 600 kPa,
firing tests under a vacuum condition with a single-hole (non-atomized) injector (LEE INZA4710975H) were
conducted five times for each SHP163 feed pressure. The measured mass flow rate of SHP163 with the
single-hole injector under a sea-level condition is shown in Fig. 5-15.

The L-star of the combustion chamber was fixed at 508 mm because the high C-star efficiency under this

condition was confirmed with the doublet injector. Figure 5-16 shows ignition characteristics of the doublet and
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single-hole injectors at various SHP163 feed pressures. In addition, before vacuum firing tests were conducted,
the measured mass flow rate of SHP163 under a sea-level condition is shown in Fig. 5-16. In the case of the
doublet injector, failed ignition cases, such as that corresponding to the waveform in Fig. 5-6 (b), were observed.
Conversely, for the single-hole injector, there was no failed ignition case at any SHP163 feed pressure. This
result suggests that the stable ignition of SHP163 is strongly affected by the propellant injection method. It
seems that the propellant reaction is stabilized because the non-atomized propellant (with the single-hole
injector) is less affected by the swirling argon gas in comparison with the atomized propellant (with the doublet

injector).

Fig. 5-15 SHP163 mass flow rate of the single-hole injector at various feed pressures.

Fig. 5-16 Effect of the propellant injection method on ignition performance.
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Figure 5-17 shows the thruster performance with each injector, power consumption and measured thrust.
In addition, Fig. 5-18 shows the effect of the ratio of mass flow rate (M spyp1s3 / M ora) ON C-star efficiency. Here,
the total mass flow rate m”y indicates the sum of SHP163 mass flow rate and argon mass flow rate. The errors
represent the standard deviation for five times from each trial. It is seen that the measured thrust and power
consumption are less affected by the injection method at an SHP163 feed pressure of 400 kPa. In contrast, a
C-star efficiency of the single-hole injector higher than that of the doublet injector is confirmed at an SHP163
feed pressure of 400 kPa. For the single-hole injector, power consumption in Phase 3 tends to increase; e.g., it
exceeds 200 W at an SHP163 feed pressure of 200 kPa. The power consumption in Phase 2 was varied
approximately from 62 to 103 W, and it was reproducibly observed that argon plasma in Phase 2 is generated for
each feed pressure. It thus seems that power consumption in Phase 3 is strongly affected by the mass flow rate of

SHP163.

Fig. 5-17 Effects of SHP163 feed pressure on the performance of the thruster.

The following equation is used to calculate the theoretical thrust of SHP163. In this equation, C-star and
the thrust coefficient are assumed to be 1417 m/s and 1.24 at efficiency of 100%, respectively. C-star of SHP163
is calculated using NASA-CEA code at a combustion chamber pressure of 0.4 MPa and a nozzle expansion ratio

of 1 under the condition of frozen flow.

F =M spp163Cshp163Cr (5-4)

Here, m”syp1e3 is the predicted mass flow rate of SHP163 and is defined as follows.

. P — P¢
M syp163 = — 1.53+ m-lSSZ (5-5)
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In Eqg. (5-5), Pr and P, are the SHP163 feed pressure and measured combustion chamber pressure, respectively.
The mass flow rate is proportional to the square root of the difference in pressure between the propellant tank
and the orifice of the single-hole injector [4]. Equation (5-5) thus gives the predicted SHP163 mass flow rate of
Fig. 11. The measured thrust in a range of feed pressure from 200 to 400 kPa is broadly consistent with the
theoretical thrust. In comparison with the theoretical thrust of SHP163, the measured thrust was low at feed
pressure exceeding 600 kPa. In addition, it was confirmed that the C-star efficiency tends to be lower at higher
SHP163 feed pressure (higher ratio of mass flow rate). In the case of the single-hole injector, a maximum thrust
of 0.37 N was achieved with power consumption of 527 W and an SHP163 mass flow rate of 0.34 g/s, in
conjunction with C-star efficiency of 98%. In contrast, at an SHP163 feed pressure of 200 kPa (mass flow
rate-ratio of 0.22), a maximum C-star efficiency of exceeding 200% was achieved with power consumption of
213 W and an SHP163 mass flow rate of 0.04 g/s, in conjunction with thrust of 0.13 N. Here, the C-star
efficiency is calculated using Eq. (5-3). This result indicates that this thruster was operated with exceeding input
energy of argon plasma at lower mass flow rate-ratio. In addition, this result indicates that the propellant reaction
is insufficient at the higher SHP163 mass flow rate and suggests that the reaction amount of SHP163 is limited
by the discharge plasma of argon under this experimental condition. In addition, it was confirmed that the
reactivity of propellant is strongly affected by the effect of the propellant injection method and the ratio of mass

flow rate.

Fig. 5-18 Effect of the ratio of mass flow rate (SHP163 mass flow rate/total mass flow rate) on C-star

efficiency.

The pre-heating energy requirement of 0.5 N class HAN-based thruster with catalyst is approximately 1.3
W-Hr (20 W for 240 s) [9]. In contrast with our system, energy consumption is approximately 2.2 W-Hr (527 W

for 15 s). Assuming the operation of thruster for 1 s, the energy consumption for SHP163 ignition will be
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approximately 0.15 W-Hr (527 W for 1 s), and the operation for 1 s at approximately ten times will be possible
with the same energy requirement because of a thruster with a discharge plasma system can be cold started
(without preheating). However, to improve the reactivity and the input energy efficiency, it seems necessary to
consider the effects of input energy and plasma generation method on the performances.

Figure 5-19 shows the histories of measured thrust and combustion chamber pressure at various feed
pressures of SHP163 for the single-hole injector. Here, the firing test time is 13 s at feed pressures of 400 and
600 kPa and 18 s at feed pressures of 200 and 800 kPa. In this thesis, the response of the thrust and pressure is
defined as the time from the start of propellant ignition (i.e., rising thrust or combustion chamber pressure) to
90% steady thrust (or 90% steady combustion chamber pressure). It was confirmed that the thrust and pressure
response tends to be higher at higher SHP163 feed pressure. However, at feed pressure of 800 kPa, the response
tends to be longer because the flow velocity of the propellant increases. The response is thus strongly affected by
the feed pressure. To improve the response of this thruster system, it seems necessary to extend the stay time of

propellant at the generated discharge plasma.

Fig. 5-19 a) Thrust and b) pressure histories at various SHP163 feed pressures.

5.3. Summary

Firing tests of a 1-N-class laboratory model thruster with a discharge plasma system using a
hydroxylammonnium-nitrate based monopropellant (SHP163) were conducted under a vacuum condition. The
experiments evaluated the effects of the HAN based monopropellant mass flow rate and combustion chamber
characteristic length (L-star) on combustion characteristics by measuring thrust and pressure under ambient

pressure of 1.2 kPa. The L-star was varied by varying the combustion chamber length, and the designed
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combustion chamber pressure (in the throat area) was fixed. With a laboratory model of a like-impinging doublet
injector, stable operation at feed pressure of 400 kPa was confirmed without any failed ignition, and average
thrust of 0.28 N, combustion chamber pressure of 0.38 MPa and power consumption of 393 W were then
observed at an argon mass flow rate of 0.15 g/s, HAN-based monopropellant mass flow rate of 0.24 g/s, L-star of
508 mm and nozzle expansion ratio of 1. However, some failed cases were observed at feed pressures above 600
kPa. In addition, it was observed that a shorter L-star increased the characteristic exhaust velocity efficiency. At
L-star of 508 mm, C-star efficiency of 88% was obtained with argon plasma. To improve the ignition
performance in terms of the ignition probability at feed pressures above 600 kPa, firing tests under a vacuum
condition with a single-hole (non-atomized) injector were conducted. As a result, for all SHP163 feed pressures,
there were no failed ignition cases with a single-hole injector. With a single-hole injector, at SHP163 feed
pressure of 800 kPa, maximum thrust of 0.37 N was achieved with power consumption of 527 W and an
SHP163 mass flow rate of 0.34 g/s, in conjunction with C-star efficiency of 98%. In this fundamental study of
HAN-based thruster with discharge plasma system, it was obtained the consumed power at combustion of
SHP163 for 15 s was similar to preheating energy of catalyst, and the hot firing tests of the thruster was

demonstrated the operation successfully under vacuum condition.
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Chapter 6

Performance Evaluation of a HAN-Based Monopropellant
Thruster with Discharge Plasma System

In this chapter, the feasibility of HAN-based monopropellant thruster with the discharge plasma system
has been evaluated. The vacuum firing tests of a laboratory model thruster with the discharge plasma system
have been conducted. The performance characteristics of the thruster are discussed in terms of conditions that
specific impulse, characteristic exhaust velocity (C*, C-star) efficiency, thrust efficiency, and power
consumption of SHP163 ignition. The effects of SHP163 mass flow rate on performance characteristics are
experimentally evaluated at a nozzle expansion ratio of 100. Furthermore, to evaluate the reactivity and reaction
products of SHP163 by argon plasma, the emission spectra from conical nozzle have been evaluated by

spectroscopy. Additionally, lifetime of thruster are evaluated by the measurement of the electrodes degradation.

6.1. Experimental Conditions and Apparatus

A cross-sectional view of a laboratory model thruster with a discharge plasma system is shown in Fig.
6-1. A propellant injector for SHP163 is located upstream of the swirl gas injector. A swirl gas injector with a
geometric swirl number of 6.7 is prepared because the continuity of the combustion flame was observed for this
gas injector under sea-level condition in our previous study.*® The system also comprises outer housing both
upstream and downstream, insulators, electrodes (i.e., a cathode and anode), and divergent nozzle (conical
nozzle). The outer housings is made of polycarbonate materials, the electrodes and conical nozzle of stainless
steel (i.e., SUS303), and the insulators of alumina (Al,O3) ceramic. The central hole of combustion chamber
(from a orifice of propellant injector to a throat nozzle) is 4.2 mm and the electrode gap is 3.5 mm.

The combustion chamber of monopropellant thruster is generally designed at about 1.0 MPa [1].
Additionally, SHP163 has a high burning rate at above 1.0 MPa [2]. However, the effect of combustion chamber
pressure on combustion characteristics of SHP163 with discharge plasma is not well understood. Thus, in this
study, to evaluate a operation of thruster at low combustion chamber pressure, the chamber pressure was
designed to operate at 0.4 MPa.

The experimental apparatus at vacuum firing tests is shown in Fig. 6-2. The experimental apparatus
consists of the thruster with discharge plasma system, gas feed system, propellant feed system, thrust stand

system, DC power supply for discharge plasma generation, and emission spectroscopy system. All of
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experiments were conducted under ambient pressure of 0.10 kPa for using mechanical booster pump (MBP) and
rotary pump (RP). In addition, ambient pressure in vacuum chamber was measured for using vacuum gauge
(Phiffer Vacuum TPR 280).

The gas feed system consists of an argon gas tank, solenoid valve (CKD AB31-02-2), mass flow meter
(Keyence FD-A10), and needle valve (Keyence FD-C1). The mass flow rate of argon gas is controlled by the
pressure of upstream from the argon gas tank. At static firing tests, the argon mass flow rate was measured using
the mass flow meter. The propellant feed system is a pressure-fed system. The propellant feed system consists of
a nitrogen gas tank, propellant tank, propellant valve (CKD USB3-6-1), coriolis mass flow meter (Keyence
FD-SS02A), and single-hole injector (LEE INZA4710975H). The propellant mass flow rate is adjusted using the
pressure of the pressurant gas (i.e., nitrogen gas). The HAN-based monopropellant (SHP163) mass flow rate of a
1 N-class thruster is about 0.4 g/s. In this study, the SHP163 mass flow rate is varied from 0.10 g/s to 0.50 g/s
and the mass flow rate of argon gas is fixed at 0.15 g/s.

The propellant feed pressure and the internal pressure of thruster (i.e., argon gas tube) were measured
using Keyence AP-13S and Nagano KH-15 pressure transmitter, respectively. In our previous study, the internal
pressure of the thruster (from needle valve of downstream to throat area) was evaluated by the measurements of
the differential pressure and the relation between the pressure ratio and the location of Mach disk. It was
observed that the measured internal pressure of the argon gas tube approximates the combustion chamber
pressure, and then the difference in pressure between the combustion chamber and the argon gas tube was 10
kPa. Thus, the combustion chamber pressure is evaluated by the measured internal pressure of the argon gas tube
(upstream of the thruster) under steady operation. In this study, the experimental value (e.g. characteristic

exhaust velocity) is evaluated using the internal pressure of argon gas tube.

Housing
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Manifold
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Propellant Discharge Plasma ~ Throat ~ Conical
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Fig. 6-1 Overview of a laboratory model HAN-based monopropellant thruster with a discharge plasma

system.
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The thrust stand system consists of a load cell (Kyowa LTS-200GA), pulley, spring plate (made of
aluminium), and calibration weight. The thrust is calibrated using calibration weight. The normal
mode-frequency of the thrust stand is 29 Hz. The DC power supply (NISTAC HV-2K10) was attached outside
the vacuum chamber. The input power supply was set with following conditions: a maximum voltage of 2.0 kV
and a current limit of 0.8 A. The discharge voltage and current waveforms were measured a high-voltage probe
(Tektronix P6015A) and a current probe (Tektronix TCP312), respectively.

The emission spectroscopy system consists of a spectrometer (JASCO MK-300J), high speed
spectroscopy CCD camera (ANDOR iDus DU420A-0E) with 1024 x 255 pixels, optical fiber, and condenser
lens. The resolution performance of the measurements was set with a exposure time of 1 ms, acquisition period
of 49 Hz (20 ms), entrance slit of 10 pm, and diffraction grating of 120 lines per millimeter. The profiles of the
exhaust plume were recoded at 200 mm from the exit of conical nozzle. The profiles width was set at 20 mm.
The CCD was triggered using the opened valve signal. The configuration of the designed thruster is given in

Table 6-1.

{ % Regulator @ SHPI163 Tank |
| [ Solenoid Valve @ Voltage Probe :
| DX Needle Valve @ Current Probe I
| D4 Gate Valve @ Pressure Transmitter |
{_ @ Stabilizing Resistor Mass Flow Meter |
DC Power
Supply
X MBP RP
.V
Vacuum
Gauge
Quartz
@- Glass
N Optical
Thruster IFlbcr

Spectrometer
+

CCD Camera
|

PC

y %
Vacuum  Load Spring

Chamber  Cell  Plate Video
Camera

Lens

—"ﬁ_ Condenser
-

Fig. 6-2 Overview of experimental apparatus.
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Table 6-1 Configurations of the designed thruster with discharge

plasma system.

Target Thrust, N 0.2t0 1.0
Target SHP163 Mass Flow Rate, g/s 0.1t00.4
Target Argon Mass Flow Rate, g/s 0.15
Designed Combustion Chamber Pressure, MPa 0.40
Combustion Chamber Characteristic Length, mm 508
Nozzle Expansion Ratio, - 100
Half Angle of Conical Nozzle, deg. 15
Electrode Gap, mm 3.5
Discharge Current Limit, A 0.8

6.2. Performance Evaluation

6.2.1. Basic Performance

Figure 6-3 is the photograph of hot-fire testing of a laboratory model thruster with discharge plasma
system under vacuum condition. At successful ignition of SHP163, the emission of plume from downstream of
thruster was observed. In our previous study, the mach disk in under-expanded flow was observed from
downstream of thruster with convergent nozzle as shown in Fig. 6-3 a). In addition, no plume of argon plasma in
Phase 2 was observed. This result suggests that the flow of reacted gas was choked in the throat nozzle.
Furthermore, it seems that the observed emission of the plume from the throat nozzle were affected by the
intermediate and the reaction products (e.g. N, NO, N,O, NO,, CO, and CO;) of SHP163. In contrast with the
case for a thruster with divergent nozzle, no Mach disk was observed from nozzle exit in Phase 3 as shown in
Fig. 6-3 b). In addition, the observed emission intensity of the plume from downstream of divergent nozzle was
lower than the case of a thruster with convergent nozzle. This result suggests that the emission of plume in Phase
3 is strongly affected by the geometry of nozzle. Thus, it seems that the energy losses (e.g. thermal and frozen
flow loss) reduced by the recombination reactions at divergent nozzle.

The waveforms at firing test of Fig. 6-3 b) is shown in Fig. 6-4. The stable operations under vacuum
condition were confirmed at SHP163 feed pressure of 0.6 MPa, and steady thrust of 0.50 N and combustion
chamber pressure of 0.38 MPa were then observed at an argon mass flow rate of 0.15 g/s and SHP163 mass flow
rate of 0.31 g/s. Here, to evaluate the performance characteristic of the thruster, the steady thrust, combustion
chamber pressure, and each mass flow rate were evaluated for 5 s before the SHP163 valve was closed.

Although the ambient pressure in vacuum chamber was set at 0.10 kPa for using the pump before the hot-fire
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testing was conducted, the ambient pressure was varied from 0.10 kPa to 1.2 kPa. It is likely that increased
ambient pressure is affected by the reaction products and argon gas.
The instantaneous discharge voltage and current at steady operation were measured using the probe. The

following equation is used to calculate the power consumption £ of each phase.
__1 r
E == Zx, V(HI(H)At (6-1)
tr— 1t

Here, Af is the data sampling rate of 1 ms. In Phase 2, the discharge current and voltage were 0.8 A and
226 V, respectively, and then the power consumption was 181 W. Conversely, in Phase 3, the discharge current
and voltage were 0.8 A and 705 V, respectively, and then the power consumption was 564 W. In addition, the
energy consumption of SHP163 ignition was approximately 2.4 W-Hr (564 W for 15 s).

The thrust and pressure increased at approximately the same time after the propellant valve was opened
as shown in Fig. 6-4 a). It seems that a slow rise of thrust-waveform is affected by the heat soak around throat
nozzle. The waveform of thrust after the ignition of SHP163 depended on the normal mode-frequency of the
thrust stand because the oscillation of thrust-waveform at 29 Hz was confirmed by frequency spectrum analysis,

as shown in Fig. 6-5. Additionally, in comparison with discharge waveform of Phase 2, the discharge voltage

Throat Exhaust
Thruster Plume

iy Nozzle
2L Gl Exhaust

Thruster Plume

SHP163 +Ar

b) Thruster with divergent nozzle (expansion ratio of 100).
Fig. 6-3 Hot-fire testing of the thruster under vacuum condition.
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instantaneously increased in Phase 3 as shown in Fig. 6-4 b). The thruster was operated in constant current mode
at Phase 2 when the power supply was turned on. The discharge voltage and current fluctuated with changes in
the electric resistance between the electrodes because the resistance and pressure in combustion chamber was
increased by reaction products, intermediate products, and unreacted propellant. Although the constant-current
mode operated in Phase 2 (argon plasma generation), it seems that the constant-voltage mode and
constant-current mode operated with changes in Phase 3. The increased power consumption in Phase 3 was
therefore affected by the ignition of SHP163 utilizing discharge plasma. Figure 6-6 shows the zoomed

waveforms of discharge voltage and current. It seems that the monopropellant was ignited by discharge plasma
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b) Discharge voltage and current.
Fig. 6-4 Waveform at hot-fire testing of the thruster with divergent nozzle.
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as the following process. The reaction pathway at steady operation is presented as the sequence of events leading

from (2) to (4).

(1) At constant current mode, the discharge plasma was generated from ionized argon gas because an
intense electric field formed between the cathode and anode.

(2) The reacted gas of monopropellant was generated by joule heating and thermal decomposition when
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Fig. 6-5 Frequency spectrum analysis for the waveforms.
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Fig. 6-6 Relationship with monopropellant ignition and discharge waveform.
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it comes into contact with thermal source (i.e. discharge plasma). As a result, the keeping discharge
voltage was increased by the increased pressure and resistance between the electrodes.

(3) Allowing an inrush current to flow the gas of high conductivity, at the breakdown voltage, the
discharge plasma was generated by argon gas and reacted gas, and then discharge voltage was
decreased.

(4) The discharge current was decreased to current limit value (at constant current mode).

Next, the effects of SHP163 feed pressure on performance characteristics have been evaluated as shown
in Fig. 6-7. The performance characteristics of the thruster are discussed considering the thrust, specific impulse,
characteristic exhaust velocity (C*, C-star) efficiency, thrust efficiency and power consumption. The firing tests
were conducted three times at each SHP163 feed pressure. To evaluate the performance characteristics in
combustion chamber, the efficiency of the C-star is defined as the ratio of measured C-star to theoretical value of
C-star. In this study, the experimental value of C-star is evaluated using the internal pressure of the argon gas
tube P because the difference in pressure between the argon gas tube and combustion chamber was small. In
addition, a value of consumed mass flow rate of SHP163 is evaluated using the mass flow meter. The following
equation is used to calculate the C-star efficiency nc« [3].

_ Chp _ e

* = — == (6-2)
Crheory  CsHp163

e

Here, the theoretical characteristic exhaust velocity C*cg, is calculated using NASA-CEA code [4] at a
combustion chamber pressure of 0.4 MPa and a nozzle expansion ratio of 100 under the condition of frozen flow.
This equation postulated the constant-pressure field in combustion chamber. C*.g, is a function of combustion
conditions (the properties of the product gas) at the exit of the combustion chamber (i.e., at throat nozzle-inlet).
The C-star efficiency exceeded 100% according to Eq. (6-2) because this equation neglects the enthalpy of argon
plasma. In this thruster system, C-star reflects the effective energy of SHP163 and plasma, and the quality of
combustion chamber and injectors. Thus, in this study, to evaluate the combustion characteristics of SHP163
utilizing argon plasma in combustion chamber, the following equation is used to calculate the C-star efficiency

with the argon plasma »’cx.

* * (¢)
= oo Cep . \mshpigatmar

’1 - * - * El * (6'3)
C CTheory Csmpiea+Car Ccea*y/2Ez/m ar/Cr

Here, neglecting the ionization and disassociation of some reaction products of SHP163, it is assumed
that the power consumption of argon plasma in Phase 3 is the same as that in Phase 2. In Eq. (6-3), the thrust

coefficient (Cg) is assumed to be 1.7 at a thrust coefficient efficiency of 100%. For the argon plasma of the
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theoretical C-star, it is assumed that the consumed power is used for electric energy and the energy is converted
to kinetic energy without energy loss (e.g. frozen flow loss, thermal loss and friction loss). The theoretical value
of C-star of argon plasma for Eq. (6-3) is obtained from the conservation equation of energy that is used to
calculate the relation between the kinetic energy (i.e., exhaust velocity) and thermal energy (i.e., enthalpy) at a
combustion chamber and nozzle exit. Additionally, theoretical value of C-star is calculated using the sum of
C-star of argon plasma and SHP163 because the argon is a noble gas. At the power consumption of 195 W and
mass flow rate of 0.15 g/s, the theoretical value of C-star of argon plasma is approximately 948 m/s. To evaluate

the performance characteristics of a thruster, the specific impulse Isp is defined as follows.

T

— 6-4
(M sHp163+M Ar) (6-4)

lsp=

Figure 6-7 a) shows the power consumption and SHP163 mass flow rate in Phase 3. It was observed that
the power consumption for SHP163 ignition tends to be higher at higher mass flow rate of SHP163. Here, power
consumption in Phase 2 was varied from 171 W to 214 W. Thus, this result demonstrates that power
consumption in Phase 3 is affected by the mass flow rate of SHP163.

The measured thrust and specific impulse is shown in Fig. 6-7 b). The measured thrust in a range of feed
pressure from 0.2 to 0.4 MPa was broadly consistent with the theoretical thrust. In comparison with the
theoretical thrust of SHP163, the measured thrust was low at feed pressure exceeding 0.6 MPa. The thrust was
varied from 0.25 to 0.50 N in a range of mass flow rate from 0.09 g/s to 0.31 g/s. Here, thrust coefficient was
approximately 1.1 with a conical nozzle, and then the efficiency of thrust coefficient was 60%. It seems that the
thrust coefficient was decreased owing to the effect of ionization and disassociation of the products. The specific
impulse in a range of feed pressure from 0.2 MPa to 0.6 MPa was varied from 100 s to 114 s. Conversely, the
specific impulse at the feed pressure of 0.8 MPa was 77 s. It was confirmed that the specific impulse tends to be
lower at higher SHP163 feed pressure as shown in Fig. 6-7 b). Here, argon mass flow rate in Phase 3 was 0.15
g/s at all of experiments.

The C-star efficiency of Eq. (6-2), Eq. (5-3), and Eq. (6-3) is shown in Fig. 6-7 c). At the feed pressure
ranging from 0.2 MPa to 0.6 MPa, the C-star efficiency of SHP163 exceeded 100% according to Eq. (6-2). At
the feed pressure of 0.2 MPa, maximum C-star efficiency of SHP163 with argon plasma was 48% according to
Eqg. (6-3). In addition, it was confirmed that the C-star efficiency tends to be lower at higher SHP163 feed
pressure. It is likely that stay time of the propellant between the electrodes was decreased because the velocity of
the propellant increased at higher feed pressure. At the feed pressure of 0.6 MPa, maximum thrust of 0.50 N was
achieved with power consumption of 564 W and an SHP163 mass flow rate of 0.31 g/s, in conjunction with
specific impulse of 109 s and C-star efficiency of 41%. These results indicate that the propellant reaction is
insufficient at the higher SHP163 mass flow rate and suggests that the reaction amount of SHP163 are limited by

the discharge plasma of argon under this experimental condition.
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To evaluate the performance characteristics for a thruster with discharge plasma system, the thrust

efficiency by the input power is defined as follows.

T 2
Mehrust— 2E3(M sHp163+M Ar)

(6-5)

The effects of specific power on the efficiency of C-star and thrust are depicted in Fig. 6-8. Here, specific
power is the ratio of power consumption E; to the sum of mass flow rate of argon and SHP163. The thrust
efficiency was varied from 45% to 50% in a range of specific power from 1.1 MJ/kg to 1.3 MJ/kg, and the C-star
efficiency with argon plasma was then varied from 41% to 48%. It was confirmed that the efficiency increased
with increasing specific power. It thus seem that the efficiencies are affected by the specific power of SHP163

because the mass flow rate of argon was fixed.

Fig. 6-8 Effects on thrust efficiency and C-star efficiency of specific power.

6.2.2. Emission Spectra

In this section, to evaluate the reactivity and reaction products of SHP163 by argon plasma, the emission
spectra from conical nozzle have been evaluated by spectroscopy. Here, all of measurements were conducted at
conditions of chapter 3-3.4.5.

After adiabatic combustion, predicting combustion products of SHP163 are mainly composed of water
vapor (H,O) / nitrogen (N,) / carbon dioxide (CO;) / molecular hydrogen (H,) / carbon monoxide (CO) /
molecular oxygen (O,) in a ratio of 68/18/11/1/1/1 by weight percentages. For one composition of SHP163, a
solid HAN is unstable and potentially explosive in a dry form [5], thus a HAN is typically mixed with water, and
stored. To ensure safety for the storage and handling of HAN and understand the decomposition mechanism, on
the experimental observations, the thermal decomposition pathways of HAN were proposed by Oxley and

Brower [6].
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HONH3NO; — NH,OH+HNO;
NH,0H+2HNO; — 3HNO;+H,0
NH,OH+HNO; — N,0+2H,0
NH,0H+HNO; — NOH+HNO,+H,0
NH,0H+HNO — N,+2H,0
HNO+HNO; — 2HNO,

Additionally, the decomposition mechanisms of pure HAN and aqueous HAN have been proposed and evaluated
in order to optimize the design of catalysts and thrusters with HAN-based monopropellant [7-9]. However, due
to the different to form ion and radical in each ignition methods (e.g. direct heating, solid catalyst, and discharge
plasma), the decomposition mechanism of HAN-based monopropellant is different. In this study, for comparison

between Phase 2 (argon plasma) and Phase 3 (SHP163 ignition), the spectra of exhaust plume is evaluated from
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Fig. 6-9 Emission spectra at hot-fire testing of the thruster.
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the exit of conical nozzle because no plume of argon plasma in Phase 2 was observed, such as in the results of
the previous section. The emission spectra at the steady operation have been evaluated using the spectra-database
[10, 11].

Figure 6-9 shows the emission spectra of argon plasma in Phase 2 and the propellant ignition in Phase 3
at the waveforms of Fig. 6-4. The univalent ion of argon and excited argon (in a range of wavelength from 690
nm to 900 nm) were observed at Phase 2 as shown in Fig. 8 a). The emission spectra of SHP163 ignition are
shown in Fig. 6-9 b). In terms of the combustion products of SHP163, the carbon monoxide (CO, 519 nm), swan
band (C,, 589 nm), hydroxyl radical (OH, 309 nm), hydrogen atom (H, 656 nm), and oxygen atom (O, 777 nm)
were mainly observed. In addition, NO and NO, (in a range of wavelength from 500 nm to 800 nm) were
observed. It is likely that the visible plume-emission at the firing tests is affected by NO and NO, as shown in
Fig. 6-3. It seems that the monopropellant was reacted by the excited argon because no excited argon in Phase 3
was observed. Thus, the generated discharge plasma is the glow discharge, and it is likely that the energy to
electron by electric field is lager than the thermal energy of argon gas in Phase 3 because the ignition is strongly
affected by the excitation and electron collision. The strong univalent ion of nitrogen (second positive system,
380 nm) was can be seen to appear at Phase 3. It thus seems that the ionized nitrogen (i.e., nitrogen plasma) was
generated by the penning effect of argon because the difference in energy between the metastable state of argon
and the ionization of nitrogen was small. Here, the metastable energy of argon and ionizing energy of nitrogen
are 11.6 eV and 10.8 eV, respectively.

The effects on spectral intensity of SHP163 feed pressure were evaluated because it was confirmed that
the C-star efficiency tends to be lower at higher SHP163 feed pressure as described in the previous section.
Figure 6-10 shows the emission spectra at SHP163 feed pressure from 0.2 MPa to 0.8 MPa. The ratio of
irradiance (i.e., emission intensity) of spectra from water vapor (e.g. hydroxyl radical, hydrogen atom, and

oxygen atom) to other spectrums was evaluated because the amount of water vapor is predicted to account for
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Fig. 6-10 Emission spectra at each SHP163 feed pressure.
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about 68 % of reaction products at complete combustion of SHP163. Additionally, it is assumed that hydroxyl
radical was generated by the oxidation reaction of carbon monoxide, and the generation and decomposition
process of NO,. Table 6-2 shows the ratio of spectral intensity at the feed pressure. At the feed pressure of 0.8
MPa, the ratio of emission intensity of hydroxyl radical (I-OH) to the nitrogen-univalent ion (I-N,") was 0.24
(1-OH / 1-N"), and then the ratio of emission intensity of 1-OH to the carbon monoxide (I-CO) was 0.26 (I-OH /
I-CO), in conjunction with C-star efficiency of 28%. In contrast, at the feed pressure of 0.2 MPa, I-OH / I-N,"
and I-OH / 1-CO were 0.72 and 0.65, respectively, in conjunction with C-star efficiency of 48%. These results
suggest that the ratio of spectral intensity from water vapor tends to be higher at higher C-star efficiency.
Additionally, in terms of the intensity of other spectrum (hydrogen and oxygen atom), the same tendency of the
case of hydroxyl radical was observed. It thus indicates that the ratio of spectral intensity of water vapor is
strongly affected by the reactivity (i.e., C-star efficiency) of SHP163. Fig. 6-11 shows the relationship with
C-star efficiency and ratio of spectral intensity at each ratio of mass flow rate. Here, the C-star efficiency was
evaluated to consider the reaction of argon plasma by Eq. (6-3), and the total mass flow rate m”wtal indicates the
sum of SHP163 mass flow rate and argon mass flow rate. In comparison with the feed pressure of 0.4 MPa, the
each ratio of spectral intensity at the feed pressure of 0.2 MPa was decreased. It seems that water vapor was
generated by the deactivation of hydroxyl radical at higher combustion pressure. In addition, due to the
difference in the ratio of mass flow rate at each SHP163 feed pressure, it is likely that the mole fraction of

products is different at reactivity.

Table 6-2 Ratio of spectral intensity at the feed pressure.

SHP163 Feed Pressure, MPa
0.2 0.4 0.6 0.8
I-OH / I-N," 0.72 1.01 0.81 0.24
I-H /1-N," 0.80 1.00 1.40 0.30
The Ratio of I-O/1-N," 0.50 1.02 0.72 0.15
Spectral Intensity | I1-OH /1-CO 0.65 1.28 1.60 0.26
I-H/1-CO 0.72 1.26 2.70 0.32
1-0/1-CO 0.45 1.29 1.38 0.16
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Fig. 6-11 Relationship with C* efficiency and ratio of spectral intensity.

6.2.3. Evaluation of The Thruster Lifetime

In this study, to evaluate the effect of electrodes degradation on the thruster performances, the electrodes
are made of stainless steel (SUS303) that has lower the resistance characteristics of oxidizing combustion and
melting point in comparison with Inconel Alloys and Tungsten-Copper (WCu). Figure 6-12 shows the surface
degradation of electrodes versus accumulated firing time. In this paper, the degradation condition of electrodes
in the firing tests is discussed in terms of the mass and diameter of an electrode. The diameter of the electrode
was 4.2 mm before firing tests (i.e., at an accumulated time of 0 s). In firing tests for the sea-level condition, the
masses of the cathode and anode decreased with increasing accumulated firing time; the cathode and anode had
lost 0.009 and 0.008 g, respectively, at an accumulated time of 1169 s. The diameters of the cathode and anode
at that time were 4.3 mm (D¢ (1169 s)) and 4.5 mm (D, (1169 s)), respectively. In contrast, in firing tests under
the vacuum condition, the cathode and anode had lost 0.025 and 0.047 g, respectively, at an accumulated firing
time of 477 s, and the diameters of the cathode and anode were 4.5 mm (D¢ (1646 s)) and 5.0 mm (Dx (1646 s)),
respectively. It is thus confirmed that the wear rate of electrodes is affected by atmospheric pressure. It seems
that the degradation condition of electrodes is strongly affected by the generated plasma and combustion
products. However, at accumulated times ranging from 1169 to 1646 s, no effect of the surface degradation of
electrodes on performances of the thruster was observed at feed pressure of 400 kPa. Assuming accumulated
vacuum firing tests of 24 hours (corresponding to the end of life, EOL) conducted for an RCS thruster [12, 13],
the linearly decreasing masses of cathode and anode will reach 2.596 and 6.9129 g, respectively, and it seems

that the performance of thruster will decrease at the EOL owing to the effects of electrode degradation.
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Fig. 6-12 Effects of the accumulated firing time on electrode degradation.

6.3. Summary

To evaluate the performance characteristics of the thruster by measuring thrust, pressure and spectra of
exhaust plume, the vacuum firing tests of a laboratory model thruster with discharge plasma system using
hydroxylammonium-nitrate based monopropellant (SHP163) have been conducted. As a result, the hot-fire tests
of the thruster have demonstrated the operation successfully under vacuum. At the feed pressure of 0.6 MPa,
maximum thrust of 0.50 N was achieved with power consumption of 564 W and SHP163 mass flow rate of 0.31
g/s, in conjunction with specific impulse of 109 s, C-star efficiency with argon plasma of 41%, and thrust
efficiency of 47%. In addition, it was confirmed that measured thrust was varied from 0.25 N to 0.50 N in a
range of SHP163 mass flow rate from 0.09 g/s to 0.31 g/s. Here, the mass flow rate of argon gas is fixed at 0.15
g/s for plasma generation. To evaluate the reactivity and reaction products of SHP163 by argon plasma, the
emission spectra from conical nozzle evaluated by spectroscopy. For the intermediate products of SHP163, NO
and NO,were observed. Additionally, in terms of the combustion products of SHP163, the emission spectrums
of carbon monoxide, swan band, hydroxyl radical, hydrogen atom, and oxygen atom were observed at hot-fire
tests. It was confirmed that the characteristic exhaust velocity efficiency tends to be higher at higher spectral
intensity (e.g. OH). However, the spectral intensity of reaction products from water vapor was lower than the
other products (e.g. CO;, and Ny). Thus, these results indicate that the propellant reaction is insufficient at the

higher SHP163 mass flow rate and suggests that the reaction amount of SHP163 is limited by the discharge
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plasma of argon under this experimental condition. Moreover, as a result of thruster lifetime-evaluation, at an
accumulated firing time of 1646 s, no effect of electrode degradation on the performance of the thruster was
observed. Although the higher power (>500 W) at current operation of this system is required in comparison
with catalyst-heater level (<20 W), it seems that this system has possibilities to reduce energy consumption (is
expressed as a product of power consumption and operation time) in comparison with the catalyst because the
temperature of catalysts must be kept at heater temperature above 350 °C using power from 10 to 20 W, and the
pre-heating is unnecessary in this discharge plasma system.

Although the standard arcjet thrusters have been operated at the high current (>10 A) and the low voltage
(<100 V), this system is operated using that the discharge plasma is generated at the high voltage from 100 V to
1000 V and the low current below 1.0 A because the enhancement of ignition (i.e. the operation of high response
and high thrust) for monopropellant is expected by the glow-discharge plasma (non-equilibrium plasma).
Additionally, in other operation mode at lower mass flow rate (<100 mg/s), this system is expected to operate
with higher specific impulse (>500 s) by Joule-heating at the high current (>10 A) and the low voltage (<100 V).
Thus, this system has possibilities to operate with a dual-mode using the same power, either in a
high-specific-impulse-mode (at high-current and low-voltage, such as the standard arcjet thruster) or a

high-thrust-mode (in the current operation mode).
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Chapter 7
Conclusion

This chapter summarizes this thesis in terms of a one newton class green monopropellant propulsion with

an alternative ignition system of solid catalyst that uses discharge plasma system for spacecraft.

7.1.

Summary of Thesis
The objective of this thesis is to design and build the laboratory model thruster for HAN-based

monopropellant, and to evaluate the performance characteristics of the thruster. In conclusion, the findings and

contributions of this thesis are summarized the following.

An ignition system that uses discharge plasma of noble gas, called discharge plasma system was proposed.
The geometric swirl number for gas supply has strong effects on the plasma distribution, the propellant
ignition probability, and the ignition delay time. At an argon mass flow rate of 0.15 g/s and SHP163
(HAN-based monopropellant) mass flow rate of 0.3 g/s, the continuity of the exhaust flame from
downstream of the discharge plasma system with a geometric swirl number of 6.7 was confirmed under

sea level condition.

It was observed that a shorter L-star of the thruster increased the characteristic exhaust velocity efficiency.

For all SHP163 feed pressure, there were no failed ignition cases with a single-hole injector, and the
stability combustion was confirmed under vacuum condition. It was found from the result that a maximum
thrust of 0.37 N at nozzle expansion ratio of one was achieved with power consumption of 527 W and an

SHP163 mass flow rate of 0.34 g/s, in conjunction with C-star efficiency of 98%.

It was obtained the consumed power 2.4 W-Hr (564 W for 15 s) at 0.5 N-steady thrust was similar to
preheating energy of catalyst, and the hot firing tests of the thruster was demonstrated the operation
successfully under vacuum condition. Additionally, the ignition repeatability of this thruster was
demonstrated.

At the feed pressure of 0.6 MPa, a maximum thrust of 0.50 N was achieved with power consumption of
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564 W and SHP163 mass flow rate of 0.31 g/s, in conjunction with specific impulse of 109 s, C-star
efficiency with argon plasma of 41%, and thrust efficiency of 47%. In addition, it was confirmed that
measured thrust was varied from 0.25 N to 0.50 N in a range of SHP163 mass flow rate from 0.09 g/s to

0.31 g/s.

* In terms of the combustion products of SHP163, the emission spectrums of carbon monoxide, swan band,

hydroxyl radical, hydrogen atom, and oxygen atom were observed under vacuum condition.

e It was observed that the ignition of monopropellant using discharge plasma is strongly affected by the

excitation and electron collision from the results of emission spectra.

« It was confirmed that the characteristic exhaust velocity efficiency tends to be higher at higher spectral

intensity (e.g. OH).

* In terms of thruster lifetime-evaluation, at an accumulated firing time of 1646 s, no effect of electrode

degradation on the performance of the thruster was observed.

Since this study, the green monopropellant propulsion with discharge plasma system has been proposed,

evaluated the performance, and demonstrated under vacuum condition.
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Appendix

Appendix A: Thermochemical Calculations for HAN-Based Monopropellant: SHP163

NASA-GLENN CHEMICAL EQUILIBRIUM PROGRAM CEA2, MAY 21, 2004
BY BONNIE MCBRIDE AND SANFORD GORDON
REFS: NASA RP-1311, PART I, 1994 AND NASA RP-1311, PART 11, 1996

problem
rocket frozen nfz=1
p,bar=4,8,12,20,
sup,ae/at=50,100,
react
oxid=H20(L) wt=6.2 t,k=298.15
fuel=CH30H(L) wt=16.3 t,k=298.15
oxid=NH4NO3(1V) wt=3.9 t,k=298.15
oxid=HAN wt=73.6 t,k=298.15
h,kj/mol=-366.5 N 2 H 4 0 4
end

OPTIONS: TP=F HP=F SP=F TV=F UV=F SV=F DETN=F SHOCK=F REFL=F INCD=F
RKT=T FROZ=T EQL=F IONS=F SIUNIT=T DEBUGF=F SHKDBG=F DETDBG=F TRNSPT=F

TRACE= 0.00E+00 S/R= 0.000000E+00 H/R= 0.000000E+00 U/R= 0.000000E+00
Pc,BAR = 4_.000000 8.000000 12.000000 20.000000

Pc/P =

SUBSONIC AREA RATIOS =

SUPERSONIC AREA RATIOS = 50.0000 100.0000

NFZ= 1 Mdot/Ac= 0.000000E+00 Ac/At= 0.000000E+00

REACTANT WT.FRAC  (ENERGY/R),K TEMP,K DENSITY
EXPLODED FORMULA

0: H20(L) 0.074074 -0.343773E+05 298.15 0.0000
H 2.00000 O 1.00000

F: CH30H(L) 1.000000 -0.287341E+05 298.15 0.0000
C 1.00000 H 4.00000 O 1.00000

0: NH4NO3(1V) 0.046595 -0.439713E+05 298.15 0.0000
N 2.00000 H 4.00000 O 3.00000

0: HAN 0.879331 -0.440796E+05 298.15 0.0000

N 2.00000 H 4.00000 O 4.00000

SPECIES BEING CONSIDERED IN THIS SYSTEM
(CONDENSED PHASE MAY HAVE NAME LISTED SEVERAL TIMES)

81



LAST thermo.inp UPDATE: 9/09/04
g 7/97 *C tpis79 *CH g 4/02 CH2
g 4/02 CH3 g11/00 CH20H g 7/00 CH30
g 8/99 CH4 g 7/00 CH3OH srd 01 CH300H
g 8799 *CN g12/99 CNN tpis79 *CO
g 9/99 *C02 tpis91 COOH tpis9l *C2
g 6701 C2H g 1/91 C2H2,acetylene g 5/01 C2H2,vinylidene
g 4/02 CH2CO,ketene g 3702 0(CH)20 srd 01 HO(CO)20H
g 7/01 C2H3,vinyl g 9700 CH3CN g 6796 CH3CO,acetyl
g 1/00 C2H4 g 8/88 C2H40,ethylen-o g 8/88 CH3CHO,ethanal
g 6/00 CH3COOH srd 01 OHCH2COOH g 7/00 C2H5
g 7/00 C2H6 g 8/88 CH3N2CH3 g 8/88 C2H50H
g 7/00 CH30CH3 srd 01 CH302CH3 g 7/00 CCN
tpis91l CNC srd 01 OCCN tpis79 C2N2
g 8/00 C20 tpis79 *C3 n 4/98 C3H3,1-propynl
n 4/98 C3H3,2-propynl g 2/00 C3H4,allene g 1/00 C3H4,propyne
g 5/90 C3H4,cyclo- g 3/01 C3H5,allyl g 2/00 C3H6,propylene
g 1/00 C3H6,cyclo- g 6/01 C3H60,propylox g 6/97 C3H60,acetone
g 1/02 C3H60,propanal g 7/01 C3H7,n-propyl g 9/85 C3H7,i-propyl
g 2/00 C3H8 g 2/00 C3H80,1propanol g 2/00 C3H80,2propanol
srd 01 CNCOCN g 7/88 C302 g tpis *C4
g 7/01 C4H2,butadiyne g 8/00 C4H4,1,3-cyclo- nl1l0/92 C4H6,butadiene
nl10/93 C4H6,lbutyne n10/93 C4H6,2butyne g 8/00 C4H6,cyclo-
n 4/88 C4H8,1-butene n 4/88 C4H8,cis2-buten n 4/88 C4H8,tr2-butene
n 4/88 C4H8,isobutene g 8/00 C4H8,cyclo- g10/00 (CH3COOH)2
n10/84 C4H9,n-butyl n10/84 C4H9,i-butyl g 1/93 C4H9,s-butyl
g 1/93 C4H9,t-butyl gl12/00 C4H10,n-butane g 8/00 C4H10, isobutane
g 6701 C4N2 g 8/00 *C5 g 5/90 C5H6,1,3cyclo-
g 1/93 C5H8,cyclo- n 4/87 C5H10,1-pentene g 2/01 C5H10,cyclo-
n10/84 C5H11,pentyl g 1/93 C5H11,t-pentyl nl0/85 C5H12,n-pentane
n10/85 C5H12,i-pentane nl10/85 CH3C(CH3)2CH3 g 2/93 C6H2
gl11/00 C6H5,phenyl g 8/00 C6H50,phenoxy g 8/00 C6H6
g 8/00 C6H50H,phenol g 1/93 C6H10,cyclo- n 4/87 C6H12,1-hexene
g 6790 C6H12,cyclo- n10/83 C6H13,n-hexyl g 6/01 C6H14,n-hexane
g 7/01 C7H7,benzyl g 1/93 C7H8 gl2/00 C7H80,cresol-mx
n 4/87 C7H14,1-heptene nl1l0/83 C7H15,n-heptyl nl10/85 C7H16,n-heptane
nl0/85 C7H16,2-methylh n 4/89 C8H8,styrene nl0/86 C8H10,ethylbenz
n 4/87 C8H16,l1-octene nl0/83 C8H17,n-octyl n 4/85 C8H18,n-octane
n 4/85 C8H18,isooctane nl1l0/83 C9H19,n-nonyl g 3/01 C10H8,naphthale
nl10/83 C10H21,n-decyl g 8/00 C12H9,o0-bipheny g 8/00 C12H10,biphenyl
g 6/97 *H g 6701 HCN g 1/01 HCO
tpis89 HCCN g 6701 HCCO g 6701 HNC
g 7/00 HNCO g10/01 HNO tpis89 HNO2
g 5799 HNO3 g 4/02 HO02 tpis78 *H2
g 5/01 HCHO,formaldehy g 6/01 HCOOH g 8789 H20
g 6/99 H202 g 6701 (HCOOH)2 g 5/97 *N
g 6701 NCO g 4/99 *NH g 3701 NH2
tpis89 NH3 tpis89 NH20H tpis89 *NO
g 4/99 NO2 J12/64 NO3 tpis78 *N2
g 6701 NCN g 5/99 N2H2 tpis89 NH2NO2
g 4/99 N2H4 g 4/99 N20 g 4/99 N203
tpis89 N204 g 4/99 N205 tpis89 N3
g 4/99 N3H g 5/97 *0 g 4/02 *OH
tpis89 *02 g 8701 03 n 4/83 C(gr)
n 4/83 C(gr) n 4/83 C(gr) gl1/99 H20(cr)
g 8701 H20(L) g 8701 H20(L)
O/F = 5.134969

EFFECTIVE FUEL EFFECTIVE OXIDANT MIXTURE
ENTHALPY h(2)/R h(1)/R ho/R

(KG-MOL) (K)/KG

KG-FORM.WT . /KG
*H

-0.89676769E+03

0.12483670E+00

-0.57052262E+03 -0.62370057E+03

bi(2) bi(l)

0.47174436E-01

bOi
0.59833385E-01
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*0 0.31209174E-01 0.42480578E-01 0.40643339E-01

*C 0.31209174E-01 0.00000000E+00 0.50870954E-02
*N 0.00000000E+00 0.19475482E-01 0.16300978E-01
POINT ITN T H 0 C N

1 23 2315.657 -11.738 -16.229 -21.332 -13.874

THEORETICAL ROCKET PERFORMANCE ASSUMING FROZEN COMPOSITION

Pin = 58.0 PSIA
CASE =

REACTANT WT FRACTION ENERGY TEMP

(SEE NOTE) KJ/KG-MOL K

OX1DANT H20(L) 0.0740741 -285830.088 298.150
FUEL CH30H(L) 1.0000000 -238910.001 298.150
OX1DANT NH4NO3(1V) 0.0465950 -365600.003 298.150
OXI1DANT HAN 0.8793309 -366500.000 298.150

O/F= 5.13497 %FUEL= 16.300000 R,EQ.-RATIO= 0.986407 PHI,EQ.RATIO= 0.965065

CHAMBER  THROAT EXIT EXIT

Pinf/P 1.0000 1.7722 767.73 1965.24
P, BAR 4.0000 2.2571 0.00521 0.00204
T, K 2315.66 2106.61 649.02 522.29
RHO, KG/CU M  4.7385-1 2.9391-1 2.2022-3 1.0690-3
H, KJZKG -5185.76 -5646.72 -8470.20 -8670.24
U, KJIZKG -6029.92 -6414.68 -8706.80 -8860.64
G, KJ/KG -32666.0 -30646.2 -16172.2 -14868.4
S, KI/(KG)(K)  11.8672 11.8672 11.8672 11.8672
M, (1/n) 22.808 22.808 22.808 22.808
Cp, KI/(KG)(K) 2.2262 2.1828 1.6108 1.5465
GAMMAS 1.1958 1.2005 1.2925 1.3084
SON VEL,M/SEC 1004.7 960.2 553.0 499.1
MACH NUMBER 0.000 1.000 4.635 5.289

PERFORMANCE PARAMETERS

Ae/At 1.0000 50.000 100.00
CSTAR, M/SEC 1417.4 1417.4 1417.4
CF 0.6774 1.8082 1.8625
Ivac, M/SEC 1760.0 2655.3 2712.0
Isp, M/SEC 960.2 2563.0 2639.9

MOLE FRACTIONS

*CO 0.00679 *CO2 0.10924 *H 0.00045
*H2 0.00738 H20 0.67098 *NO 0.00176
*N2 0.18501 *O 0.00028 *OH 0.00750
*02 0.01060

* THERMODYNAMIC PROPERTIES FITTED TO 20000.K

PRODUCTS WHICH WERE CONSIDERED BUT WHOSE MOLE FRACTIONS
WERE LESS THAN 5.000000E-06 FOR ALL ASSIGNED CONDITIONS

NOTE. WEIGHT FRACTION OF FUEL IN TOTAL FUELS AND OF OXIDANT IN TOTAL OXIDANTS
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POINT ITN T H 0 C N

1 3 2332.798 -11.503 -15.944 -21.089 -13.539

THEORETICAL ROCKET PERFORMANCE ASSUMING FROZEN COMPOSITION

Pin = 116.0 PSIA
CASE =

REACTANT WT FRACTION ENERGY TEMP

(SEE NOTE) KJ/KG-MOL K

OX1DANT H20(L) 0.0740741 -285830.088 298.150
FUEL CH30H(L) 1.0000000 -238910.001 298.150
OX1DANT NH4NO3(1V) 0.0465950 -365600.003 298.150
OX1DANT HAN 0.8793309 -366500.000 298.150

O/F= 5.13497 %FUEL= 16.300000 R,EQ.RATIO= 0.986407 PHI,EQ.RATIO= 0.965065

CHAMBER  THROAT EXIT EXIT

Pinf/P 1.0000 1.7717 763.61 1952.90
P, BAR 8.0000 4.5155 0.01048 0.00410
T, K 2332.80 2122.96 657.97 530.05
RHO, KG/CU M  9.4225-1 5.8441-1 4.3749-3 2.1235-3
H, KJ/ZKG -5185.76 -5649.24 -8493.84 -8696.21
U, KJIZKG -6034.80 -6421.90 -8733.31 -8889.13
G, KJ/KG -32280.5 -30306.8 -16135.9 -14852.5
S, KI/(KG)(K)  11.6147 11.6147 11.6147 11.6147
M, (1/n) 22.845 22.845 22.845 22.845
Cp, KIZ(KG)(K) 2.2296 2.1867 1.6148 1.5496
GAMMAS 1.1951 1.1997 1.2910 1.3070
SON VEL,M/SEC 1007.3 962.8 556.0 502.1
MACH NUMBER 0.000 1.000 4.626 5.277

PERFORMANCE PARAMETERS

Ae/At 1.0000 50.000 100.00
CSTAR, M/SEC 1421.8 1421.8 1421.8
CF 0.6771 1.8091 1.8636
Ivac, M/SEC 1765.3 2665.3 2722.5
Isp, M/SEC 962.8 2572.2 2649.7

MOLE FRACTIONS

*CO 0.00566 *CO2 0.11055 *H 0.00032
*H2 0.00605 H20 0.67395 *NO 0.00174
*N2 0.18532 *0O 0.00021 *OH 0.00656
*02 0.00963

* THERMODYNAMIC PROPERTIES FITTED TO 20000.K

PRODUCTS WHICH WERE CONSIDERED BUT WHOSE MOLE FRACTIONS
WERE LESS THAN 5.000000E-06 FOR ALL ASSIGNED CONDITIONS
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NOTE. WEIGHT FRACTION OF FUEL IN TOTAL FUELS AND OF OXIDANT IN TOTAL OXIDANTS

POINT ITN T H 0 C N

1 3 2341.871 -11.368 -15.776 -20.957 -13.343

THEORETICAL ROCKET PERFORMANCE ASSUMING FROZEN COMPOSITION

Pin = 174.0 PSIA
CASE =

REACTANT WT FRACTION ENERGY TEMP

(SEE NOTE) KJ/KG-MOL K

OX1DANT H20(L) 0.0740741 -285830.088 298.150
FUEL CH30H(L) 1.0000000 -238910.001 298.150
OXI1DANT NH4NO3 (1V) 0.0465950 -365600.003 298.150
OX1DANT HAN 0.8793309 -366500.000 298.150

O/F= 5.13497 %FUEL= 16.300000 R,EQ.RATIO= 0.986407 PHI,EQ.RATIO= 0.965065

CHAMBER  THROAT EXIT EXIT

Pinf/P 1.0000 1.7714 761.44 1946.42
P, BAR 12.000 6.7742 0.01576 0.00617
T, K 2341.87 2131.62 662.73 534.18
RHO, KG/CU M  1.4091 O 8.7392-1 6.5393-3 3.1738-3
H, KJZKG -5185.76 -5650.57 -8506.33 -8709.95
U, KJIZKG -6037.37 -6425.72 -8747.33 -8904.20
G, KJ/KG -32040.4 -30094.2 -16105.9 -14835.5
S, KI/(KG)(K)  11.4672 11.4672 11.4672 11.4672
M, (1/n) 22.864 22.864 22.864 22.864
Cp, KI/(KG)(K) 2.2315 2.1887 1.6169 1.5512
GAMMAS 1.1947 1.1993 1.2902 1.3062
SON VEL,M/SEC 1008.7 964.2 557.6 503.7
MACH NUMBER 0.000 1.000 4.622 5.271

PERFORMANCE PARAMETERS

Ae/At 1.0000 50.000 100.00
CSTAR, M/SEC 1424.2 1424.2 1424.2
CF 0.6770 1.8095 1.8642
Ivac, M/SEC 1768.1 2670.6 2728.0
Isp, M/SEC 964.2 2577.0 2654.9

MOLE FRACTIONS

*CO 0.00505 *CO2 0.11126 *H 0.00025
*H2 0.00535 H20 0.67552 *NO 0.00173
*N2 0.18549 *0 0.00017 *OH 0.00605
*02 0.00912

* THERMODYNAMIC PROPERTIES FITTED TO 20000.K

PRODUCTS WHICH WERE CONSIDERED BUT WHOSE MOLE FRACTIONS
WERE LESS THAN 5.000000E-06 FOR ALL ASSIGNED CONDITIONS
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NOTE. WEIGHT FRACTION OF FUEL IN TOTAL FUELS AND OF OXIDANT IN TOTAL OXIDANTS

POINT ITN T H 0 C N

1 3 2352.307 -11.201 -15.562 -20.803 -13.095

THEORETICAL ROCKET PERFORMANCE ASSUMING FROZEN COMPOSITION

Pin = 290.1 PSIA
CASE =

REACTANT WT FRACTION ENERGY TEMP

(SEE NOTE) KJ/KG-MOL K

OXI1DANT H20(L) 0.0740741 -285830.088 298.150
FUEL CH30H(L) 1.0000000 -238910.001 298.150
OX1DANT NH4NO3(1V) 0.0465950 -365600.003 298.150
OX1DANT HAN 0.8793309 -366500.000 298.150

O/F= 5.13497 %FUEL= 16.300000 R,EQ.RATIO= 0.986407 PHI,EQ.RATIO= 0.965065

CHAMBER  THROAT EXIT EXIT

Pinf/P 1.0000 1.7711 758.97 1939.01
P, BAR 20.000 11.292 0.02635 0.01031
T, K 2352.31 2141.58 668.23 538.96
RHO, KG/CU M  2.3404 0 1.4514 0 1.0855-2 5.2680-3
H, KJ/ZKG -5185.76 -5652.09 -8520.69 -8725.73
U, KJIZKG -6040.33 -6430.10 -8763.45 -8921.53
G, KJ/KG -31723.3 -29812.3 -16059.3 -14806.0
S, KI/(KG)(K)  11.2815 11.2815 11.2815 11.2815
M, (1/n) 22.887 22.887 22.887 22.887
Cp, KIZ/(KG)(K) 2.2336 2.1910 1.6194 1.5532
GAMMAS 1.1942 1.1988 1.2892 1.3053
SON VEL,M/SEC 1010.2 965.7 559.4 505.5
MACH NUMBER 0.000 1.000 4.616 5.263

PERFORMANCE PARAMETERS

Ae/At 1.0000 50.000 100.00
CSTAR, M/SEC 1426.8 1426.8 1426.8
CF 0.6768 1.8100 1.8648
Ivac, M/SEC 1771.3 2676.6 2734.4
Isp, M/SEC 965.7 2582.6 2660.8

MOLE FRACTIONS

*CO 0.00434 *CO2 0.11209 *H 0.00019
*H2 0.00455 H20 0.67733 *NO 0.00171
*N2 0.18568 *0O 0.00014 *OH 0.00544
*02 0.00853

* THERMODYNAMIC PROPERTIES FITTED TO 20000.K
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PRODUCTS WHICH WERE CONSIDERED BUT WHOSE MOLE FRACTIONS
WERE LESS THAN 5.000000E-06 FOR ALL ASSIGNED CONDITIONS

NOTE. WEIGHT FRACTION OF FUEL IN TOTAL FUELS AND OF OXIDANT IN TOTAL OXIDANTS
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